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Abstract: This paper investigates the trajectory design problem in the scenario of a multiple Sun-
synchronous Orbit (SSO) space debris flyby mission from a DRO space station. At first, the character-
istics of non-planar transfer from DRO to SSO in the Earth–Moon system are analyzed. The methods
of large-scale ergodicity and pruning are utilized to investigate single-impulse and two-impulse
DRO–Earth transfers. Using a powered lunar flyby, the two-impulse DRO–Earth transfer is able
to fly by SSO debris while satisfying the requirements of the mission. After the local optimization,
the optimal result of two-impulse DRO–Earth transfer and flyby is obtained. A multi-objective
evolutionary algorithm is used to design the Pareto-optimal trajectories of multiple flybys. The
semi-analytical optimization method is developed to provide the estimations of the transfer parame-
ters in order to reduce the computations caused by the evolutionary algorithm. Simulations show
that transferring from the 3:2 resonant DRO to a near-coplanar flyby of a SSO target debris using
a powered lunar gravity assist needs a 0.47 km/s velocity increment. The mission’s total velocity
increment is 1.39 km/s, and the total transfer time is 2.23 years.

Keywords: distant retrograde orbit (DRO); circular restricted three-body problem; Sun-synchronous
orbit (SSO) space debris; lunar gravity assist

1. Introduction

A distant retrograde orbit (DRO) is a special kind of plane-symmetric orbit in the
circular restricted three-body problem. A DRO in the Earth–Moon system is a geocentric
orbit in the cislunar space which is subject to the gravity of the Earth and the Moon. It
has high stability and good coverage of both the Earth and the Moon. The application of
DRO has gradually become a research hotspot. In 2016, NASA’s Asteroid Redirect Mission
planned to tow tons of asteroids to DRO for mooring [1]. In November 2022, NASA
launched an unmanned Orion spacecraft to the Moon as a part of the Artemis I mission,
and it is planned to fly to DRO through a lunar gravity assist [2]. DRO is well suited for use
for a space station in deep space exploration missions and near-Earth observation missions,
and it has important research value for on-orbit service and maintenance, Earth coverage,
and observation.

In 1968, Broucke revealed the existence of DROs in the Earth–Moon system [3]. The
DRO dynamics of three-body systems such as the Earth–Moon system, the Sun–Earth
system, and the Ganymede system have been studied [4–6]. Existing studies of DRO
transfers in the cislunar space focus on how to transfer from Earth or other locations in
the cislunar space to DRO [7–13]. The transfer orbit from DRO to the vicinity of the Earth
can be seen as a negative integration from the vicinity of the Earth to DRO [14–17]. These
studies show that the spacecraft requires only small velocity increments to transfer from
DRO to the vicinity of the Moon and then to other types of near-Earth orbits such as Low
Earth Orbit (LEO) and Geosynchronous Earth Orbit (GEO) via lunar gravity assist, which
has significant fuel-saving advantages for space debris removal missions.
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Space debris has seriously affected the safety of space missions. Between the years
2000 and 2013, only 12% of spacecraft performed reentry or deorbit maneuvers at their end-
of-life, and only 10% of spacecraft successfully performed 25-year deorbit maneuvers [18].
NASA research shows that even if 90% of constellations successfully perform 25-year
deorbit maneuvers, there will still be 290% more space debris in the next 200 years than
if there were no giant constellations [19]. Even if no new man-made objects were put in
space, the space debris in the LEO region would still grow exponentially [20].

Active removal is a direct approach to reduce the amount of space debris. Space robotic
arm capture [21] and flying net capture [22] have been the subjects of long-term research
in various space agencies. The above “one-to-one” methods need complex techniques for
grappling an uncooperative object, which is costly and inefficient.

Apart from the deorbit removal methods for spacecraft at the end of mission life,
i.e., drag sail [23], inflate-sail [24], and electrodynamic tether [25], contactless active re-
moval methods such as Coulomb thrusting [26], laser beam [27], artificial atmosphere [28],
and expanding foam [29] have been proposed in the application of space debris mitigation.
Coulomb thrusting removal is applicable only when the Debye shielding is weak [30,31].
Laser beam removal can only remove very small debris [32,33]. The method of artificial
atmosphere is a technique in which the spacecraft releases an artificial atmosphere in a
region near the path of the space debris to decelerate the debris and accelerate natural
orbital decay [28,34,35]. The approach of expanding foam is similar to the artificial at-
mosphere method, except that the material released by the spacecraft is expanding foam.
The artificial atmosphere and expanding foam removal methods are suitable for removing
LEO debris. Moreover, the expanding foam removal method can deorbit large LEO debris
(1.4–3.5 tons per year) [29,36]. Both of these two methods require a spacecraft to arrive in
the vicinity of the debris and release the deorbit material.

Regarding the analysis of space debris removal mission, one author [37] designs a
space mission in which, when the spacecraft rendezvous with a piece of debris, a deorbit
device is attached to the object by a robotic arm and the device is activated, and then the
spacecraft travels to the next piece of debris. However, the results show that this removal
mission would take more than 30 km/s of total impulse to deorbit 35 large objects in 7 years.
Another author [38] considers the removal mission of two Cosmos-3M second stages. The
spacecraft performs maneuvers to approach the object, and then the spacecraft captures
the object and attaches the thruster deorbit kit. A further author [39] considers a mission
to deorbit five large pieces of debris each year. They suggest that the object in the orbit
close to coplanar should be deorbited first because changing the orbital plane is costly.
One author [40] assesses the effectiveness of three heuristic algorithms in the optimal
design of the active debris removal mission by comparing the solutions and running times.
Another author [41] designs an on-orbit serving mission to deorbit a non-cooperative object
by using space robotic systems to manipulate and deorbit the object. These studies require
spacecraft rendezvous with debris to allow the robotic arm or other removal kit to perform
deorbit, which requires large velocity and faces complex technical issues.

Inspired by the contactless removal methods of artificial atmosphere and expanding
foam, this paper proposes a concept that uses one spacecraft to fly by much Chinese space
debris in SSO orbit. When the spacecraft flies by one piece of space debris, it can release a
gaseous cloud to deorbit the space debris. This “one-to-many” method has high efficiency
and low cost, and is easier to realize in space debris active removal missions. This paper
focuses on the multiple SSO space debris flyby trajectory design, and the detail of the
deorbit by the gaseous cloud is beyond the scope of this paper.

This paper is organized as follows. Section 2 presents the problem statement and the
equations of motion. Section 3 selects the target debris in SSO. Section 4 designs the orbit
by which the spacecraft departs from DRO and performs a near-coplanar flyby of a SSO
target piece of debris using two impulses. Section 5 uses the multi-objective evolutionary
optimization algorithm and a semi-analytical optimization method to design the multiple
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highly elliptical orbits. Section 6 presents the design results of the flyby mission. Section 7
concludes this paper.

2. Problem Statement and Equations of Motion
2.1. General Scenario

Envisioning the active removal of space debris, this paper investigates the mission
design problem of a multiple-object flyby such that the detailed information of the object
can be obtained by the on-board inspection payload. Debris in SSO are chosen as the target
database because SSO is one of the busiest orbits around the Earth.

Figure 1 shows the mission scenario. Initially, the spacecraft is in the parking orbit. At
point P1, the spacecraft undertakes the departure maneuver to leave the parking orbit. At
point P2, the spacecraft flies by one piece of target debris. After the first flyby, the spacecraft
flies to point P3. When the spacecraft reaches P3, it applies the second maneuver to adjust
its orbit. As a result, the spacecraft flies by another piece of target debris at point P4. In this
way, the spacecraft performs a multiple debris flyby mission through several maneuvers.
Points P1 and P3 are calculated and optimized in Sections 4 and 5.
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The motion of the spacecraft is in cislunar space and described in the circular restricted
three-body system. The orbit of the spacecraft is presented in the Earth–Moon rotating
coordinate, i.e., the center of mass rotating frame {C− x̂, ŷ, ẑ}, where C is the center of mass
of the Earth–Moon system, the x̂− ŷ plane is the orbital plane of the Moon, x̂ points from
the Earth to the Moon, and ẑ is the normal of the x̂− ŷ plane. The spacecraft’s equation of
motion in the Earth–Moon rotating coordinate is as follows [42]:
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where r = [x, y, z]T is the spacecraft’s position in the Earth–Moon system.
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the spacecraft’s velocity and
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where r1 and r2 is the distance from the spacecraft to the Earth and the Moon, respectively.
Jt is the Jacobi constant. M1 is the mass of the Earth and M2 is mass of the Moon.

r1 =
√
(x + µ)2 + y2 + z2

r2 =
√
(x + µ− 1)2 + y2 + z2

(3)

In the circular restricted three-body problem (CRTBP), the relevant common parame-
ters are as follows [43]:

µ = 0.0121506683
TU = 104.8585095 h
DU = 388405 km
VU = 3665.892272 km/h

(4)

where TU, DU, and VU are the normalized units of time, distance, and the modulus of
velocity in the Earth–Moon rotating coordinate. In addition, the ephemeris model should
be used if the eccentric orbit of the Moon and the perturbations due to the gravity of the
Sun and other celestial bodies are considered. The orbits in CR3BP cannot be directly used
in the ephemeris model, since the CRTBP is a low-fidelity dynamical model. It is necessary
to correct and optimize the orbits obtained from CRTBP in the ephemeris model [44]. This
could be analyzed in future research.

In this paper, the SSO space debris is affected by the J2 perturbation. The orbit of the
SSO space debris is presented in the J2000 ECI coordinate

{
O− X̂, Ŷ, Ẑ

}
, where O is the

center of the mass of the Earth, the X̂− Ŷ plane is the equatorial plane, X̂ points from O
to the location of the equinox in 2000 years, and Ẑ is the normal of the X̂− Ŷ plane. The
equation of motion of the SSO space debris in the J2000 ECI coordinate is as follows:

ad = −µe

rd
rd + aJ2 (5)

where ad is the acceleration vector of space debris. rd is the inertial position vector of space
debris. rd =||rd||. aJ2 is the acceleration vector caused by the J2 perturbation. µe is Earth’s
gravity constant.

2.2. Parking Orbit

In designing the multiple-object flyby trajectory, several prerequisites should be clar-
ified. First of all, let us determine the type of the parking orbit in this multiple-SSO-
object flyby mission. This paper identifies the following requirements in selecting the
parking orbit:

(1) The parking orbit should be long-term stable.
(2) A small velocity increment is demanded for the spacecraft to transfer from the parking

orbit to flyby multiple SSO targets.
(3) The apogee of the parking orbit should be large so that it would be easier for the

spacecraft to adjust the orbital inclination, which is more favorable for multiple-object
near-coplanar flyby missions.

Within the cislunar space, typical potential candidates include Geosynchronous Earth
Orbit (GEO), Distance Retrograde Orbit (DRO), Polar Lunar Orbit (PLO), Near Rectilinear
Halo Orbit (NRHO), Lagrange point 1 (L1) halo orbit, Lagrange point 2 (L2) halo orbit, and
so on.

Table 1 compares the velocity increments for transferring from LEO to different target
orbits. Note that without considering the perturbations, the velocity increment transferring
from LEO to a designated target orbit is nearly identical to that transferring back. As shown
in Table 1, the minimum velocity increment for transferring from LEO to the 2:1 DRO using
lunar gravity assist and weak stability boundary is 3.1934 km/s. This is a rather small
number compared to the velocity increment budgets transferring to GEO, PLO, NRHO, L1
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halo orbit, and L2 halo orbit. Therefore, this paper chooses DRO as the parking orbit for
the spacecraft.

Table 1. Velocity increment budgets for transferring from LEO to different target orbits.

Target Orbits ||∆V total|| Types of Transfer

DRO 3.1934 km/s [45] Lunar gravity assist and weak stability boundary
GEO 4.2457 km/s [45] Direct two impulses
PLO 3.8 km/s [46] Direct two impulses

NRHO 4 km/s [46] Direct two impulses
L1 halo orbit 3.61 km/s [47] Two impulses and stable manifold
L2 halo orbit 3.36 km/s [48] Two impulses and stable manifold

This section does not specify specific parameters of DRO in this multiple-debris flyby
mission. This problem will be discussed in the following sections.

2.3. Flyby Mission Description

The mission scenario is shown in Figure 2. The steps of the flyby mission are illustrated
in Table 2 and Figure 3. As shown in Figure 2, the spacecraft is located in DRO at the
initial moment τ. At τ0, by imposing ∆V0, the spacecraft leaves DRO and approaches
the Moon. At τ1, the spacecraft applies ∆V1 in lunar sphere of influence (SOI) to take a
powered lunar gravity assist. Then, the spacecraft enters the Moon–Earth transfer orbit.
At τ2, the spacecraft near-coplanar flies by a piece of space debris near the perigee. After
that, the spacecraft flies towards the apogee and applies an impulse near the apogee. By
adjusting the orbit and the phase, the spacecraft can near-coplanar fly by the next piece of
space debris in the highly elliptical orbit (HEO). By iterating Step 4–Step 5 in Table 2, the
multiple-object flyby mission is accomplished.
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Table 2. Flyby mission procedure.

Steps Description

Step 1 At τ (chosen as 2025/10/1/00:00:00), the spacecraft is located in DRO. The initial phase is 0◦. τ̃= 2025/11/1/00:00:00.
Step 2 At τ0(τ < τ0 < τ̃), the spacecraft applies an impulse ∆V0 and leaves DRO, flying towards the Moon.

Step 3
The spacecraft enters the Moon’s sphere of influence. At τ1, the spacecraft applies an impulse ∆V1 and accomplishes a
powered lunar flyby transfer (PLF). The spacecraft enters the Moon–Earth transfer orbit. Then, at τ2, the spacecraft
near-coplanar flies by a piece of SSO space debris near the perigee.

Step 4
The spacecraft flies towards to the apogee. To implement orbit phasing and adjust the orbit, the spacecraft applies an
impulse ∆V2 near the apogee. As a result, the spacecraft can near-coplanar fly by the next piece of SSO space debris when
the spacecraft is close to the perigee.

Step 5 The spacecraft repeats Step 4 until all of the space debris in the database have been flown by at least once.
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This paper divides the multiple-object near-coplanar flyby mission into two phases.
As shown in Figure 2b, Phase 1 is the segment in which the spacecraft transfers from DRO
to Earth and implements the first flyby, i.e., Step 1–Step 3 in Table 2. Phase 2 is the segment
in which the spacecraft near-coplanar flies by all the target debris, i.e., Step 4–Step 5 in
Table 2.

The requirements of the flyby mission are shown in Table 3. In Table 3, ζ1 = 31 days,
ζ2 = 0.4 km/s, ζ3 = 0.2 km/s, ζ4 = 0.1 km/s, ζ5 = 50 km, ζ6 = 100 km, ζ7 = 4 km/s,
h̃1 = 100 km, and h̃2 = 400 km. Note that the errors of measurement and controlling are
not considered. The two impulses of Phase 1 are applied on DRO (∆V0) and the perilune
(∆V1), respectively. The impulse ∆V of Phase 2 is applied in HEO. hp−moon ≥ h̃1 = 100 km
means that the PLF cannot impact the Moon. hp−earth ≥ h̃2 = 400 km means that the
spacecraft cannot enter the Earth’s atmosphere. When the spacecraft with an apogee radius
close to the Moon coplanar flies by a space debris with an orbital height of 800 km, the
relative velocity is approximately 3 km/s. Thus, this paper requires the modulus of the
relative velocity when the spacecraft flies by the target debris to be less than or equal to
4 km/s.

Table 3. Requirements of the flyby mission.

Parameters Meaning Requirement

∆τ Days between τ and τ0 ∆τ ≤ ζ1
∆t0 The transfer time from DRO to the perilune ∆t0 ≤ ζ1
∆t1 The transfer time from the perilune to near the perigee ∆t1 ≤ ζ1
||∆V0|| The modulus of ∆V0 ||∆V0||≤ ζ2
||∆V1|| The modulus of ∆V1 ||∆V1||≤ ζ3
||∆V|| The modulus of impulse applied in HEO ||∆V||≤ ζ4

∆t The period of HEO HEO is resonant with the Moon
hp−moon The height of perilune hp−moon ≥ h̃1
hp−earth The height of perigee hp−earth ≥ h̃2
||δr|| The distance of the flyby ζ5 ≤||δr||≤ ζ6
||δv|| The magnitude of the relative flyby velocity ||δv||≤ ζ7

3. Target Selection of SSO Space Debris
3.1. Analysis of SSO Space Debris

SSO has great and scientific research value. Polar-orbiting meteorological satellites
and imaging satellites are often located in SSO. The main characteristics of SSO include
the fact that the angle between the normal orbital plane and the projection of the solar
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direction on the equatorial plane remains constant. Due to the J2 perturbation, the mean
rate of change of the right ascending node is as follows:

.
Ω = − 3nJ2R2

e

2a2(1− e2)2 cos i (6)

where n =
√

µe/a3, a is the semi-major axis, e is the eccentricity, and i is the inclination.
J2 = 0.001082. The rate of change of the ascending node of SSO is the same as the Earth’s
mean motion around the Sun, which is as follows:

.
Ω =

360◦

365.24days
= 1.991× 10−7 rad/s (7)

Substituting Equation (7) into Equation (6) yields the following:

1.991× 10−7 rad/s +
3nJ2R2

e

2a2(1− e2)2 cos i = 0 (8)

Because of the computational error, this paper defines the orbit satisfying the following
equation as SSO:

|1.991× 10−7 rad/s +
3nJ2R2

e

2a2(1− e2)2 cos i| ≤ 0.001 (9)

Selecting objects from the Space Track Database according to Equation (9), it can be seen
that the region with perigee altitude of [600, 900] km, apogee altitude of [650, 1050] km, and
orbital inclination of [96.3, 99.3]◦ is the most densely distributed region of Chinese SSO
space debris. The space debris in this region have mainly come from the Fengyun satellites
and Changzheng rockets.

Reference [49] proposes that states and international intergovernmental organizations
should remove spacecraft and launch vehicle orbital stages at the end of the mission life,
and also encourage the development and use of relevant technologies for the measurement,
monitoring, and characterization of the orbital and physical properties of space debris. All
countries should uphold the concept of building a community of human destiny, share
the responsibility of maintaining outer space security, and address threats to all aspects of
outer space security.

For the purpose of maintaining the long-term sustainable peaceful use of outer
space, and for better measurement and detection of space debris, this paper offers a
solution to obtain detailed information on our space debris so that active removal can be
better implemented.

3.2. Selection of SSO Target Debris

Next, let us build up the target debris database for this multiple-SSO-object flyby
mission. Based on the distribution characteristics of the orbital location, type, source, and
size of SSO space cataloged objects, this paper selects space cataloged objects that satisfy
the following conditions to construct the target debris collection for the flyby mission:

(1) The types of target debris are debris or rocket body.
(2) The perigee altitude has not yet begun to decrease.
(3) The target debris is generated by Changzheng rockets.
(4) The radar cross-section area of the target is as follows: Smin > 1 m2.
(5) The mass of the target is as follows: m > 1 kg.
(6) hp ∈ [600, 900] km, ha ∈ [650, 1050] km, and i ∈ [96.3, 99.3]◦.

The second condition means that the orbit of space debris remains stable. In the fourth
condition, Smin > 1 m2 means that the target debris is large space debris. The last condition
means that the target debris is in the area with the highest density of debris distribution.
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A total of 22 pieces of debris were selected that satisfied the above conditions. Their or-
bits in the J2000 ECI coordinate are shown in Figure 4. The physical and orbital parameters
of these target debris are shown in Tables A1 and A2 in Appendix A.
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4. Phase 1: Two Impulses DRO–Earth Transfer Orbit Design

As shown in Figure 5a, this section discusses how to use a two-impulse maneuver [7]
to transfer from DRO to the Earth and fly by a target debris near the perigee. The objective
of this section is to find an orbit that minimizes the total impulse while satisfying the flyby
requirements. As a rule of thumb, in the typical Earth–Moon three-body problem, a key
factor in this transfer orbit design problem is to fully utilize the lunar gravity assist.
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Figure 5. (a) Two impulses DRO–Earth transfer orbit in the Earth–Moon Rotating Frame; (b) illustra-
tion of ∆V0 in the Earth–Moon rotating frame.

This section proposes the spacecraft’s flight procedure as follows: at τ0, the spacecraft
applies a departure impulse ∆V0 in DRO to transfer to the Moon. At τ1, the spacecraft
applies the impulse ∆V1 when it arrives at the perilune. At τ2, the spacecraft flies to the
Earth and flies by the SSO target debris near the perigee. The transfer time of the spacecraft
from DRO to the perilune is ∆t0 = τ1 − τ0. The transfer time from the perilune to flyby is
∆t1 = τ2 − τ1.

Typical DRO–Earth transfer methods include the internal transfer, which is mainly
accomplished based on the CRTBP system, and the external transfer, in which the spacecraft
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flies to the Sun–Earth gravitational equilibrium region and achieves a low-energy Moon–
Earth transfer using the weak stability boundary theory. Note that the external transfer
method requires a much longer transfer time (100 days to 130 days), which does not
conform to the requirements shown in Table 3. So, this paper chooses the internal transfer
approach.

Taking the perilune as a node, the complete DRO–Earth transfer and flyby orbit is
composed of two segments: (1) The segment from DRO to the perilune, denoted by G0, as
shown in Figure 5a. (2) The segment from the perilune to the perigee, denoted by G1. The
two maneuvers are denoted as Γ0(X0) and Γ1(X1). The notation {G 0(Γ0) + G1(Γ1)}means
the trajectory of the spacecraft is composed of G0 and G1, with two orbital maneuvers
Γ0(X0) and Γ1(X1). The notation {G 0(Γ0) + G1(0)}means the trajectory of the spacecraft
is composed of G0 and G1, with only one maneuver Γ0(X0).

The plan is constructed as follows: First, the DRO–Earth transfer orbit with a single impulse
{G0(Γ0) + G1(0)} is to be investigated. Then, based on the results of {G0(Γ0) + G1(0)},
the DRO–Earth transfer orbit with two impulses {G 0(Γ0) + G1(Γ1)} is designed. The
parameters of {G 0(Γ0) + G1(Γ1)} are to be optimized to solve the local optimization
problem of the first flyby.

4.1. Single-Impulse DRO–Earth Transfer

This subsection intends to investigate the feasibility of using a single-impulse strategy
to perform the SSO object flyby mission. The DRO–Earth transfer orbit with a single
impulse is denoted as {G 0(Γ0) + G1(0)}. The spacecraft applies Γ0(X0) in DRO and flies
to the perilune. Then, the spacecraft takes the thrustless lunar flyby, i.e., ∆V1 = 0, and flies
towards the Earth. The requirements of the single-impulse DRO–Earth transfer orbit are
as follows:

∆τ ≤ ζ1, ∆t0 ≤ ζ1∣∣∣∣∣∣∆V0

∣∣∣∣∣∣≤ ζ2, i1 ≥ ĩ1

h̃1 ≤ hp−moon ≤ hSOI
h̃2 ≤ hp−earth ≤ h̃3

(10)

where ζ1, ζ2, h̃1, and h̃2 are identical to those of Table 3, hSOI is the height of the lunar SOI,
and the radius of lunar SOI is set to 61,525 km. h̃3 = 2000 km. i1 is the orbital inclination of
the spacecraft when it arrives at the perigee and ĩ1 = 80◦.

In order to investigate the feasibility of the single-impulse approach, this section
studies whether the requirements in Equation (10) can be satisfied under different param-
eters determining Γ0(X0). The parameters determining Γ0(X0) in the CRTBP system are
as follows:

X0 = [∆τ, ||∆V0||, α0, β0] (11)

As shown in Figure 5b, α0 is the angle between ∆V0 and the projection of ∆V0 in the
x̂− ŷ plane, and β0 is the angle between the projection of ∆V0 in the x̂− ŷ plane and x̂. The
equation of ∆V0 with respect to (α0, β0) is shown in Equation (12).

∆V0 = ||∆V0||(cos α0 cos β0, cos α0 sin β0, sin α0)
T (12)

The calculation procedure includes large-scale ergodicity according to Table 4 and
verification of the satisfaction of Equation (10) for each Γ0(X0), followed by pruning. In
Table 4, this paper chooses the stepsizes as δ1 = 1 day, δ2 = 0.005 km/s, and δ3 = 10◦. Let
us traverse the parameters according to Table 4 and calculate the values of the following
variables in {G 0(Γ0) + G1(0)} for each set of parameters: ∆t0, the perilune height hp−moon,
Jacobi constant Jt for G1 after one thrustless lunar gravity assist, and the perigee height
hp−earth. From Equation (10), we can see that the maximum flight time of the spacecraft
from the perilune to the perigee is 31 days. Since there may be more than one perigee, G1 is
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the orbit of the spacecraft from the perilune to the first perigee that conforms to the pruning
condition of hp−earth. The pruning conditions are shown in Equation (13).

Jt ≤ C1

h̃1 ≤ hp−moon ≤ hSOI

h̃2 ≤ hp−earth ≤ 36, 000 km

(13)

where C1 = 3.024150064 is the Jacobi constant of point L1 in CRTBP. Equation (13) includes
three inequalities. The first one means that the cislunar space is connected. The second one
means that the spacecraft could use a lunar gravity assist without colliding with the Moon.
The third inequality means that the spacecraft could reach the Earth without entering the
Earth’s atmosphere.

Table 4. Parameters of Γ0(X0) and their ergodic ranges.

Parameters Meaning Range of Ergodicity

∆τ Days between τ and τ0 The sweep interval is [1, ζ1] days. The sweep stepsize is δ1.
||∆V0|| The modulus of ∆V0 The sweep interval is [0.005, ζ2] km/s. The sweep stepsize is δ2.
(α0, β0) Two direction angles of ∆V0 The sweep interval is [0◦ 360◦]. The sweep stepsize is δ3.

Note that, in this subsection, the second maneuver ∆V1 is assumed to be zero. After a
thrustless lunar gravity assist, the resulting height of the perigee in the ergodicity varies
in a large range. Therefore, the upper limit of hp−earth in the third condition is set to be
36,000 km, which is a rather large value. In addition, because the i1 of all {G 0(Γ0) + G1(0)}
are less than ĩ1, the requirement of i1 in Table 4 is not added to the pruning conditions.

After traversing all parameters shown in Table 4, the hp−moon, Jt, and hp−earth of each
{G 0(Γ0) + G1(0)} are obtained. The traverse results are pruned according to Equation (13).
There are 2872 pairs of {G 0(Γ0) + G1(0)} after pruning.

Let S0 denote the group composed of all orbits {G 0(Γ0) + G1(0)} after being pruned
by Equation (12). [a∗, e∗, i∗, Ω∗, ω∗, M∗] are the orbital elements of the spacecraft when
it exits the Lunar SOI. Figure 6 shows the distribution of α0 and β0 about i∗ in set S0.
Each data point represents a {G 0(Γ0) + G1(0)} in S0. In Figure 6a, the orbit of the data
indicated by the red box and blue box are shown in Table 5 and Figure 7a–d. It can be seen
that {G 0(Γ0) + G1(0)} is symmetrically distributed about α0 = 90◦ and α0 = 270◦ when
a∗ ∈ [0, 180]◦ and α0 ∈ [180, 360]◦, respectively. In Figure 6b, the parameters of the data
indicated by the red box and blue box are shown in Table 5. It can be known that the period
of variation of {G 0(Γ0) + G1(0)} about β0 is 180◦.
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Table 5. Orbit parameters of the data indicated by the boxes in Figure 6a,b.

Colors of Box ∆τ (day) ||∆V0||
(km/s) (α0,β0) (◦) a* (km) e* i* (◦) Ω* (◦) ω* (◦) M* (◦)

red, Figure 6a 23 0.3650 (80,0) 224,818 0.78 38.97 348.60 319.72 240.08
23 0.3650 (100,180) 224,818 0.78 38.97 348.60 319.72 240.08

blue, Figure 6a 24 0.3950 (240,180) 217,626 0.85 46.97 350.77 342.92 202.02
24 0.3950 (300,0) 217,626 0.85 46.97 350.77 342.92 202.02

red, Figure 6b 11 0.1850 (190,40) 221,927 0.82 57.17 351.40 161.45 226.10
11 0.1850 (350,220) 221,927 0.82 57.17 351.40 161.45 226.10

blue, Figure 6b 9 0.1100 (190,130) 197,036 0.86 52.04 356.46 162.54 218.22
9 0.1100 (350.310) 197,036 0.86 52.04 356.46 162.54 218.22

Figure 6 also shows that the orbital inclination of the spacecraft can be increased from
20.98◦ to 62.70◦ by the thrustless lunar flyby. The orbit when i∗ = 62.70◦ is shown in
Figure 7e,f. The parameters of Γ0(X0) when i∗ = 62.70◦ are ∆τ = 31 days, ||∆V0||= 285 m/s,
and (α0, β0) = (10◦, 210◦). The orbital elements when the spacecraft enters and exits the lunar
SOI are shown in Table 6.

Table 6. Orbit elements when the spacecraft enters and exits the Moon’s SOI.

Epoch a (km) e i (◦) Ω (◦) ω (◦) M (◦)

When spacecraft enters the Moon’s SOI 373,802 0.69 20.98 7.04 3.20 296.40
When spacecraft exits the Moon’s SOI 209,944 0.82 62.71 43.32 9.93 248.97

From Figure 6, we can see that lunar gravity can reduce the orbit altitude and raise the
orbital inclination of the spacecraft.

Figure 7g,h show the distribution of i1 and hp−earth about ||∆V0||. Figure 7g shows
that orbital inclinations of all {G 0(Γ0) + G1(0)} in S0 are i1 < 80◦. Orbits of spacecraft are
symmetrically distributed in the plane of ||∆V0|| − i1 about i1 = 24.88◦, and 24.88◦ is the
orbit inclination of the Earth–Moon plane when the spacecraft departs from DRO. This is
because of the fact that i1 is related to the departure impulse. When α0 = 0, the spacecraft’s
orbit is in the Earth–Moon plane both before and after the thrustless lunar gravity assist.

Figure 7h shows that the minimum height of the perigee is 3559 km, which does not
conform to the orbital height requirement of the flyby. It can be seen from Figure 7g,h
that it is impossible for the DRO spacecraft to fly by the SSO target by applying a single
impulse while satisfying the requirements shown in Equation (10). Thus, it is necessary to
investigate strategies with at least two impulses.

4.2. Two-Impulse DRO–Earth Transfer

This subsection investigates the two-impulse strategy {G 0(Γ0) + G1(Γ1)}. The space-
craft applies Γ0(X0) in DRO and flies to the perilune. Then, the spacecraft takes a PLF
Γ1(X1) and flies to the Earth. The requirements of the two-impulse DRO–Earth transfer
orbit are as follows:

∆τ ≤ ζ1, ∆t0 ≤ ζ1, ||∆V0||≤ ζ2∣∣∣∣∣∣∆V1

∣∣∣∣∣∣≤ ζ3, ∆t1 ≤ ζ1, i1 ≥ ĩ1

h̃1 ≤ hp−moon ≤ hSOI , h̃2 ≤ hp−earth ≤ h̃3

(14)



Universe 2024, 10, 145 12 of 31

Figure 7. (a) Data of the red box in Figure 6a, the center of mass rotating frame. (b) Data of the red
box in Figure 6a, the J2000 ECI frame. (c) Data of the blue box in Figure 6a, the center of mass rotating
frame. (d) Data of the blue box in Figure 6a, the J2000 ECI frame. (e) Orbit of the spacecraft when
i∗ = 62.70◦, the center of mass rotating frame. (f) Orbit of the spacecraft when i∗ = 62.70◦, J2000 ECI
fame. (g) Distribution of ||∆V0|| − i1. (h) Distribution of ||∆V0|| − hp−earth. The purple * represents
the Earth and the purple + represents the Moon.
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In order to investigate the feasibility of the two-impulse approach, this section studies
whether the requirements in Equation (14) can be satisfied. The calculation procedures
are composed of two-dimensional ergodicity: traverse Γ0(X0) in the set S0 and Γ1(X1)
according to Table 7. The parameters determining Γ1(X1) in the CRTBP system are as
Equation (15) shows:

X1 = [||∆V1||, α1, β1] (15)

where α1 is the angle between ∆V1 and the projection of ∆V1 in the x̂− ŷ plane, and β1 is
the angle between the projection of ∆V1 in the x̂− ŷ plane and x̂. The equation of ∆V1 with
respect to (α1, β1) is shown in Equation (16).

∆V1 =
∣∣∣∣∣∣∆V1

∣∣∣∣∣∣(cos α1 cos β1, cos α1 sin β1, sin α1)
T (16)

Table 7. Parameters and their ergodic ranges.

Parameters Meaning Range of Ergodicity

Γ0(X0) The first maneuver Γ0(X0) of each G0(Γ0) in set S0
||∆V1|| The modulus of ∆V1 The sweep interval is [0.005, ζ3] km/s. The sweep stepsize is δ2.
(α1, β1) Two direction angles of ∆V1 The sweep interval is [0, 360◦]. The sweep stepsize is δ3.

Let us traverse the parameters according to Table 7, and calculate the following
parameters of {G 0(Γ0) + G1(Γ1)}: ∆t1, the perilune height hp−moon, Jacobi constant Jt
for G1(Γ1) after a powered lunar flyby (PLF), and the perigee height hp−earth. For each
{G 0(Γ0) + G1(Γ1)}, we take these parameters into the pruning conditions shown in
Equation (17).

Jt ≤ C1

h̃1 ≤ hp−moon ≤ hSOI
h̃2 ≤ hp−earth ≤ h̃3

(17)

The third condition means that the height of the perigee after the PLF is similar to
the orbital height of LEO, and the spacecraft will not enter the Earth’s atmosphere. After
pruning, there are 334,841 pairs of {G 0(Γ0) + G1(Γ1)}. The group composed of all orbits
{G 0(Γ0) + G1(Γ1)} is denoted as set S1.

When the parameters of Γ0(X0) are ∆τ = 25 days, ||∆V0||= 0.4 km/s , and
(α0, β0) = (0, 0), Figure 8a,b show the distribution of α1 and β1 about i1. Each data
point represents a G1(Γ1) orbit. [a1, e1, i1, Ω1, ω1, M1] are the orbital elements of the space-
craft when it arrives at the perigee. The orbital elements of the data of the red and blue box
in Figure 8a,b are shown in Table 8. Their orbits are shown in Figure 8c–f. From Figure 8a,b,
it can be seen that G1(Γ1) is symmetrically distributed about α1 = 90◦ and α1 = 270◦, and
that the period of variation of G1(Γ1) about β1 is 180◦.

Table 8. Orbit parameters of the data indicated by the red and blue boxes in Figure 8a,b.

Colors of Box ||∆V1||
(km/s) (α1,β1) (◦) a1 (km) e1 i1 (◦) Ω1 (◦) ω1 (◦) M1 (◦)

red, Figure 8a 0.2000 (120, 90) 118,588 0.94 13.69 114.27 235.944 0.00
0.2000 (60, 270) 118,588 0.94 13.69 114.27 235.944 0.00

blue, Figure 8a 0.2000 (240, 90) 118,587 0.94 53.82 355.67 348.26 359.99
0.2000 (300, 270) 118,587 0.94 53.82 355.67 348.26 359.99

red, Figure 8b 0.1550 (230, 170) 119,701 0.94 43.35 359.40 347.98 0.00
0.1550 (310, 350) 119,701 0.94 43.35 359.40 347.98 0.00

blue, Figure 8b 0.2000 (300, 260) 125,231 0.94 51.05 356.39 347.44 359.99
0.2000 (240, 80) 125,231 0.94 51.05 356.39 347.44 359.99



Universe 2024, 10, 145 14 of 31

Universe 2024, 10, x FOR PEER REVIEW 14 of 34 

11 1 1]|| |[ ,|,α β= ΔX V  (15)

where 1α  is the angle between 1ΔV  and the projection of 1ΔV  in the ˆ ˆ−x y  plane, and 

1β  is the angle between the projection of 1ΔV  in the ˆ ˆ−x y  plane and x̂ . The equation 
of 1ΔV  with respect to 1 1( , )α β  is shown in Equation (16).

1 1 1 1 11 1|| || (cos cos ,cos sin ,sin )Tα β α β αΔ Δ=V V (16)

Table 7. Parameters and their ergodic ranges. 

Parameters Meaning Range of Ergodicity
00 ( )Γ X The first maneuver 00 ( )Γ X  of each 0 0G ( )Γ  in set 0S

1|| ||ΔV The modulus of 1ΔV The sweep interval is [0.005, 3ζ ] km/s. The sweep stepsize is 2δ .

1 1( , )α β Two direction angles of 1ΔV The sweep interval is [0,360 ] . The sweep stepsize is 3δ .
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The third condition means that the height of the perigee after the PLF is similar to the 
orbital height of LEO, and the spacecraft will not enter the Earth’s atmosphere. After prun-
ing, there are 334,841 pairs of 0 0 1 1{G ( ) G ( )}Γ + Γ  . The group composed of all orbits 

0 0 1 1{G ( ) G ( )}Γ + Γ  is denoted as set 1S .

When the parameters of 00 ( )Γ X   are 25 daysτΔ =  , 0|| || 0.4 km/sΔ =V  , and 

0 0( , ) (0,0)α β =  , Figure 8a,b show the distribution of 1α   and 1β   about 1i  . Each data 
point represents a 1 1G ( )Γ  orbit. 1 1 1 1 1 1[ , , , , , ]a e i MΩ ω  are the orbital elements of the space-
craft when it arrives at the perigee. The orbital elements of the data of the red and blue 
box in Figure 8a,b are shown in Table 8. Their orbits are shown in Figure 8c–f. From Figure 
8a,b, it can be seen that 1 1G ( )Γ   is symmetrically distributed about 1 90α =    and

1 270α =  , and that the period of variation of 1 1G ( )Γ  about 1β  is 180°. 
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Figure 8. (a) Distribution of α1 − i1. (b) Distribution of β1 − i1. (c) Orbit of the data indicated by the
red box in (a), the center of mass rotating frame. (d) Orbit of the data indicated by the red box in (a),
the J2000 ECI frame. (e) Orbit of the data indicated by the blue box in (b), the center of mass rotating
frame. (f) Orbit of the data indicated by the blue box in (b). (g) Distribution of all orbits of set S1,
(||∆V0||+||∆V1||) versus i1. (h) Distribution of all orbits of set S1, (||∆V0||+||∆V1||) versus hp−earth.
The purple * represents the Earth and the purple + represents the Moon.
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Therefore, when calculating the parameters of Γ0(X0) and Γ1(X1), in order to simplify
the computation, the ranges of the ergodicity of α0 and α1 can be set as [0, 90◦] ∪ [180, 270◦]
and the ranges of the ergodicity of β0 and β1 can be set as [0, 180◦].

Figure 8g,h show the distribution of i1 and hp−earth about (||∆V0||+||∆V1||) . It is known
that there are some orbits that satisfy i1 > 80◦. Comparing Figure 7g,h and Figure 8g,h shows
that Γ1(X1) greatly increases the number of orbits that meet the requirement of DRO–Earth
transfer. Within two maneuvers Γ0(X0) and Γ1(X1), the spacecraft is able to transfer from
DRO to Earth and fly by the SSO debris.

4.3. Local Optimization

The last subsection obtained the pruning results of the two-impulse DRO–Earth
transfer orbit. In this subsection, {G 0(Γ0) + G1(Γ1)} in set S1 with i1 > 80◦ are used as
the initial values for local optimization to obtain the optimal two-impulse DRO–Earth
transfer and flyby orbit. At first, the target debris of the flyby must be selected. The group
composed of {G 0(Γ0) + G1(Γ1)} with i1 > 80◦ is denoted as set S2. In order to choose
the target debris of the flyby for each {G 0(Γ0) + G1(Γ1)} in set S2, let us traverse every
{G 0(Γ0) + G1(Γ1)} in set S2 and all target debris, and then calculate the angle between the
orbital plane of the debris and the spacecraft when the spacecraft at the perigee. For each
{G 0(Γ0) + G1(Γ1)} in set S2, the debris whose orbital plane is closest to the spacecraft is
selected as the target debris.

After choosing the target debris of the flyby, the following optimization problem is to
be solved: find the departure time τ0 on DRO and two maneuvers Γ0(X0) and Γ1(X1) such
that the total impulse ||∆V0||+||∆V1|| is minimized and the flyby condition of one piece
of SSO target debris is satisfied. The framework of the optimization problem is shown in
Equation (18). The minimization strategy is obtained via the built-in fmincon tool.

Minimize f (x) subject to :

xmin ≤ x ≤ xmax

c(x) ≤ 0

(18)

where f (x) =||∆V0||+||∆V1|| is the cost function. x denotes the optimization parame-
ters. xmin and xmax are the lower and upper boundaries of x. c(x) denotes the inequality
constraints. The optimization parameters are as follows:

x = [∆τ, ||∆V0||, α0, β0, ∆t0, ||∆V1||, α1, β0, ∆t1] (19)

The lower and upper bounds of the optimization parameters are as follows:

xmin = [∆τ − δ1, ||∆V0||−δ2, α0 − δ3, β0 − δ3, 0, ||∆V1||−δ2, α1 − δ3, β1 − δ3, 0]
xmax = [∆τ + δ1, ||∆V0||+δ2, α0 + δ3, β0 + δ3, ζ1, ||∆V1||+δ2, α1 + δ3, β1 + δ3, ζ1]

(20)

where δ1, δ2, and δ3 are defined in Table 4, and ζ1 is defined in Table 3. The inequality
constraints are as follows:

c1 = −(hp−moon − h̃1) ≤ 0
c2 = hp−moon − hSOI ≤ 0
c3 = Jt − C1 ≤ 0
c4 = −(hp−earth − h̃2) ≤ 0
c5 = hp−earth − h̃3 ≤ 0
c6 = −(i1 − ĩ1) ≤ 0

c7 = −(||δr||−ζ5) ≤ 0

c8 =||δr||−ζ6 ≤ 0

c9 =||δv||−ζ7 ≤ 0

(21)

After optimization, the optimization result with the minimum ||∆V0||+||∆V1|| is
chosen as the optimal two-impulse DRO–Earth transfer and flyby orbit.



Universe 2024, 10, 145 16 of 31

4.4. Optimal Result of Two-Impulse DRO–Earth Transfer

In this subsection, the optimal two-impulse DRO–Earth transfer orbits when the
spacecraft departs from different DROs are to be discussed. Note that there are numerous
DRO orbits. The most commonly discussed types of cislunar DRO include 3:2 resonance
(i.e., the initial position in the Earth–Moon rotating frame is x0 ≈ 0.73 DU), 2:1 resonance
with x0 ≈ 0.81 DU, and 3:1 resonance with x0 ≈ 0.86 DU. A comparison of optimal transfer
orbits starting from different DROs is shown in Table 9.

Table 9. Comparison of optimal transfer and flyby orbits for different initial DRO.

DRO
Parameters

||∆V0||/m·s−1 ∆t0/days ||∆V1||/m·s−1 ∆t1/days ||∆Ṽ||/m·s−1 ∆t̃/days Flyby
Debris

3:2 resonance 285.0 27.46 185.0 13.89 470.0 41.35 25733
2:1 resonance 371.2 28.02 185.7 3.85 556.9 31.87 37766
3:1 resonance 365.0 26.67 165.0 13.92 530.0 40.59 32959

In Table 9, ∆Ṽ = ||∆V0||+ ||∆V1||, and ∆t̃ = ||∆t0||+ ||∆t1||. As Table 9 shows, when
the spacecraft departs from the 3:2 resonant DRO, ∆Ṽ is the smallest, being 15.6% less
than the ∆Ṽ of the 2:1 resonant DRO and 11.3% less than the ∆Ṽ of the 3:1 resonant DRO.
Therefore, the subsequent design is based on the case that the spacecraft departs from
the 3:2 resonant DRO. The orbital maneuver parameters of Γ0(X0) and Γ1(X1) when the
spacecraft departs from the 3:2 resonant DRO are shown in Table 10. The orbits of the
spacecraft in different coordinates are shown in Figure 9.

Table 10. Parameters of Γ0(X0) and Γ1(X1), and the results of the flyby.

Departure Time ϕ0/◦ ||∆V0||/m·s−1 ∆t0/days ||∆V1||/m·s−1 ∆t1/days Flyby
Debris ||δr||/km ||δv||/km·s−1

2025/10/31/23:58:43 236.70 285.0 27.46 185.0 13.89 25733 69.75 3.99

Figure 9. Optimal DRO–Earth transfer orbit. (a) The center of mass rotating frame. (b) The J2000 ECI
frame. The purple * represents the Earth and the purple + represents the Moon.

From Table 10, it can be seen that the spacecraft departs from the 3:2 resonant DRO
at 2025/10/31/23:58:43, and the phase of departure is 236.70◦. The impulse of departure
||∆V0|| is 285 m/s. After 27.46 days, the spacecraft reaches the perilune. Near the perilune,
the impulse of the PLF ||∆V1|| is 185 m/s. Then, after 13.89 days, the spacecraft flies by the
first selected piece of target debris, 25733. The relative distance of the flyby is 67.75 km, and
the relative velocity is 3.99 km/s. The total velocity increment is 0.47 km/s, and the total
transfer time of the DRO–Earth transfer and flyby is 41.35 days.
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In Phase 1, the spacecraft finishes a DRO–Earth transfer and flies by one piece of
SSO debris. On a computer with an AMD 3900X 64-core processor and 128 GB RAM, it
takes about 3.5 h and 3.3 days to complete the traversal and pruning calculations of the
single-impulse DRO–Earth transfer and the two-impulse DRO–Earth transfer, respectively.
Next, the orbits needed for the spacecraft to fly by all the SSO debris in Phase 2 are to
be designed.

5. Phase 2: HEO Based SSO Objects Flyby

Starting with the two-impulse DRO–Earth transfer orbit shown in Table 10, this section
investigates the approach needed to fly by all of the SSO targets shown in Table A1. As
shown in Figure 10a, the flyby procedure in this section is as follows: the spacecraft applies
an impulse ∆V when it arrives at the apogee, and it flies by a piece of target debris near the
perigee. Multiple transfer orbits of the spacecraft are designed to fly by the debris until all
of the pieces of space debris in the database have been flown by at least once.
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Figure 10. (a) Mission scenario of Phase 2; (b) ranges of the perigee and the apogee of the lunar-
resonant orbits.

The transfer orbit from the perilune to the first flyby shown in Table 10 is the highly
elliptical orbit (HEO). The apogee of HEO is near the altitude of the Moon, and its perigee
is near the altitude of SSO, which allows the spacecraft in HEO to make better use of the
lunar gravity assist and to quickly fly by SSO debris. Moreover, it is expected to maximize
the use of the limited propellent to fly by debris. Lowering the altitude of the apogee will
reduce the flight time but increase the fuel consumption. Thus, in this paper, the orbit of
the multiple-object flyby is designated as HEO. Other types of orbits with lower apogees
are left for later studies.

In order to make better use of the lunar gravity assist, the orbit of the multiple-object
flyby is required to be a lunar-resonant orbit. The types of lunar-resonant orbits with their
apogee near the lunar orbital altitude and their perigee near the SSO debris orbital altitude
are 8:3, 5:2, 7:3, and 9:4, as shown in Figure 10b. Because the range of the apogee of the 8:3
resonant orbit is closer to the orbital radius of the Moon (which means that it is easier to
adjust the orbit using the lunar gravity), in designing the flyby orbits, this paper tends to
choose the 8:3 resonance HEO.

For the debris flyby mission, this section expects that the fuel consumption is small and
the time of flight is short. These two optimization objectives cannot be optimal at the same
time. This section uses a multi-objective evolutionary optimization algorithm to design the
spacecraft’s orbit. By coordinating and compromising between each objective, the optimal
solution, i.e., the Pareto-optimal solution, can be found among all the compromise solutions.
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There exist several multi-objective evolutionary optimization algorithms, such as the
non-dominated sorting genetic algorithm (NSGA-II), the strength Pareto evolutionary algo-
rithm (SPEA2), and the multi-objective particle swarm optimization algorithm (MOPSO).
Among these algorithms, the NSGA-II has lower computational complexity and running
time [50]. This paper chooses the NSGA-II algorithm to solve the Pareto-optimal orbit with
minimum impulse and minimum transfer time.

The calculation procedure of Phase 2 is shown in Figure 11. At first, the debris whose
orbital plane is closest to the spacecraft after one orbital period of the spacecraft is selected
as the flyby target. Then, the NSGA-II algorithm is used to design the Pareto-optimal
flyby orbit of the spacecraft. In the Pareto frontier, the optimal solution with the minimum
impulse is chosen as the flyby orbit because of the fact that the differences in the time of
flight of all solutions in the Pareto frontier are not significant.
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Because the multi-objective evolutionary algorithms have limitations on the diversity
and convergence of solutions, the NSGA-II algorithm is not guaranteed to find the Pareto
frontier when the parameters of the maneuver are not within the ranges for generating the
initial population. One may think of trying to compensate for this shortcoming by expand-
ing the number of populations and the ranges of generating the initial populations, but this
approach will lead to a tremendous increase in computation time. This paper proposes a
semi-analytical optimization method to design the optimal transfer orbit when the NSGA-II
algorithm cannot obtain the Pareto-optimal orbit. The semi-analytical optimization method
is to find the parameters of maneuver that can fly by a target debris in the two-body system
and then substitute these parameters into the CRTBP system for optimization. In the case
that the spacecraft’s orbital plane is far from all the target debris, the spacecraft will orbit
the Earth without flying by any debris.

5.1. Multi-Objective Evolutionary Optimization Algorithm

The parameters of the NSGA-II algorithm in the CRTBP system are shown in Table 11.
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Table 11. Parameters of NSGA2 algorithm.

Population Size Maximum
Iterations

Simulates Binary
Crossover

Parameters ηc

Polynomial
Mutation

Parameter ηm

Probability of
Mutation pm

Probability of
Crossover pc

1500 150 20 100 0.2 1

The optimization parameters in the CRTBP system as shown in Table 12. The opti-
mization objectives are as follows:

f1(x) =||∆V||
f2(x) =dt1 + dt2

(22)

The lower and upper bounds of the optimization parameters are as follows:

xmin = [0, 0◦, 0◦, 0.5TU, 0.5TU]

xmax = [ζ4, 2π, 2π, 1.35TU, 1.35TU]
(23)

The inequality constraints are as follows:

c1 = −(hp−moon − h̃1) ≤ 0

c2 = −(hp−earth − h̃2) ≤ 0

c3 = −(||δr||−ζ5) ≤ 0

c4 =||δr||−ζ6 ≤ 0
c5 =||δv||−ζ7 ≤ 0

(24)

If the spacecraft would enter the Moon’s SOI, the inequality constraints should contain the
constraint of lunar gravity so that the inequality constraints would be as follows:

c1 = −(hp−moon − h̃1) ≤ 0

c2 = hp−moon − hSOI ≤ 0

c3 = −(hp−earth − h̃2) ≤ 0

c4 = −(||δr||−ζ5) ≤ 0

c5 =||δr||−ζ6 ≤ 0

c6 =||δv||−ζ7 ≤ 0

(25)

Table 12. Optimization parameters of the NSGA2 algorithm.

Parameters Meaning

||∆V|| The modulus of the impulse ∆V.

(α, β)
α is the angle between ∆V and the projection of ∆V in the x̂− ŷ plane,

and β is the angle between the projection of ∆V in the x̂− ŷ plane and x̂.

dt1
Time from the flyby point of the previous revolution to the moment of

maneuver in the current revolution.
dt2 Time from the moment of maneuver to fly by the target debris.

As discussed before, the orbit with the smallest ||∆V|| in the two-objective Pareto-
optimal frontier is chosen as the transfer orbit because of the fact that the differences in
the time of flight of all solutions in the Pareto-optimal frontier are not significant. Next,
the semi-analytical optimization method is proposed to solve the transfer orbit with the
minimum impulse.
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5.2. Semi-Analytical Optimization Method

This section presents the semi-analytical optimization method to solve the transfer
orbit with the minimum velocity increment.

Assume that, in the CRTBP system, τ3 is the previous flyby moment. The space-
craft’s position and the velocity at τ3 in the center of mass rotating frame {C− x̂, ŷ, ẑ} are
(r3, v3). At τ3m, the spacecraft applies an impulse ∆V to change its orbit. Before changing
the spacecraft’s orbit at τ3m, the position and the velocity in the {C− x̂, ŷ, ẑ} frame are
(r3m−, v3m−), which are denoted as (R3m−, V3m−) in the ECI coordinate

{
O− X̂, Ŷ, Ẑ

}
. The

corresponding orbital elements are denoted as (a3m−, e3m−, i3m−, Ω3m−, ω3m−, f3m−). After
changing the spacecraft’s orbit at τ3m, the position and the velocity in the ECI coordinate{

O− X̂, Ŷ, Ẑ
}

are denoted as (R3m+, V3m+), and the corresponding orbital elements are
(a3m+, e3m+, i3m+, Ω3m+, ω3m+, f3m+).

At τ3m, the states should satisfy the following:

R3m− = R3m+, ∆V = V3m+ − V3m− (26)

h3m+⊥R3m−, h3m+⊥R3m+ (27)

h3m+ ·R3m− = 0, h3m+ ·R3m+ = 0 (28)

where h3m+ is the unit angular momentum after changing the spacecraft’s orbit at τ3m.
The flyby target is denoted as Target-1. The orbital elements of Target-1 at τ3 are

(at3, et3, it3, Ωt3, ωt3, ft3). At τ4, the spacecraft flies by Target-1. The orbital elements of
Target-1 at τ4 are (at4, et4, it4, Ωt4, ωt4, ft4), and the orbital elements of the spacecraft at τ4
are (a4, e4, i4, Ω4, ω4, f4).

It is required that the spacecraft will fly by the target debris after changing its orbit. At
τ4, the orbital plane of the spacecraft should satisfy the following:

i4 ≈ iτ4, Ω4 ≈ Ωτ4 (29)

The specific calculation procedure for the optimization method is composed of five
steps as follows:

Step 1: Input the spacecraft’s states (r3, v3) at τ3 in the {C− x̂, ŷ, ẑ} frame, and the
states of Target-1 (Rt3, Vt3) at τ3 in the ECI coordinate

{
O− X̂, Ŷ, Ẑ

}
. Integrate the space-

craft’s orbit an orbital period away from τ3 in the two-body system. The moment that
satisfies Equation (28) is denoted as τe. The spacecraft’s states re, ve at τe in the CRTBP
system are recorded.

In Equation (28), the equations of h3m+ = [h3m+x; h3m+y; h3m+z] are calculated through
the following: 

h3m+x = sin(Ω3m+)
√

1− h2
3m+z

h3m+y = − cos(Ω3m+)
√

1− h2
3m+z

h3m+z = cos i3m+

(30)

where i3m+ = iτ4, Ω3m+ = Ωτ4.
Step 2: τe, re, ve are converted into the ECI coordinate

{
O− X̂, Ŷ, Ẑ

}
and then are denoted

as τe, Re−, Ve−. We calculate the spacecraft’s orbital elements (ae, ee, ie, Ωe, ωe, fe) after it
changes its orbit at τe. Then, let us implement the ergodic calculation as Equation (31) shows.

rp ∈ [6771 km : 20 km : 7171 km]

ra ∈ [380000 km : 500 km : 390000 km]

ee ∈ [0.8 : 0.01 : 0.99]

ie = i3m+, Ωe = Ω3m+

(31)
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The argument of latitude ue is calculated by Equation (32). From Equations (33) and (34),
ωe, fe can be obtained.

Re =

 Rex
Rey
Rez

 =
ae(1− ee

2)

1 + ee cos fe

 cos Ω3m+ cos u− sin Ω3m+ sin ue cos i3m+

sin Ω3m+ cos u + cos Ω3m+ sin ue cos i3m+

sin ue sin i3m+

 (32)

fe = ae cos
((

ae(1− e2
e )

||Re||
− 1
)

/ee

)
(33)

ωe = ue − fe (34)

Step 3: Each set of (ae, ee, ie, Ωe, ωe, fe) is converted into the spacecraft’s position and
velocity Re+, Ve+. The impulse required to change the orbit is ∆V = Ve+ − Ve−.

When ||∆V||≤ 0.3 km/s , Re+, Ve+ is integrated in the two-body system. The time

span of the integration is [τe, τe + Te] and the stepsize is set to 50 s. Te = 2π
√

a3
e /µe. We

calculate the following parameters: the integral time τ4, and the spacecraft’s orbit R4, V4
at τ4.

In the J2 perturbed two-body system, the orbit of Target-1 is Rte, Vte at τe, and Rte, Vte
are integrated in the J2 perturbed two-body system. The time span of the integration
is [τe, τe + Te] and the stepsize is set to 50 s. Multiple sets of Target-1′s orbit Rt4, Vt4 are
obtained. The relative distance and the relative velocity between the spacecraft and Target-1
are as follows:

Rrel = R4 −Rt4, Vrel = V4 − Vt4 (35)

For each set of [τ4, R4, V4, Rte, Vte] and τe, the spacecraft’s orbital elements (ae, ee, ie, Ωe, ωe, fe)
after orbit changes and dt = τ4 − τe are recorded if ||Rrel ||≤ 2000 km, | |Vrel ||≤ 6 km/s .
After the pruning, the orbital parameters of the spacecraft after the maneuver and the
moment of the maneuver that is able to fly by a piece of target debris in the two-body
system are obtained.

Step 4: Each set of (ae, ee, ie, Ωe, dt) is used as the initial values of the optimization
parameters in the CRTBP system. The objective function is defined as follows:

f (x)=||∆V|| (36)

The optimization parameters are as follows:

x = [ae, ee, ie, Ωe, dt]T (37)

The lower and upper boundaries of the optimization parameters are as follows:

xmin =
[
1.9339× 105 km, 0.8, 80◦, 0, 0

]
xmax =

[
2.2879× 105 km, 0.99, 110◦, 360◦, 13 days

] (38)

The inequality constraints are as follows:

c1 = −(hp−moon − h̃1) ≤ 0
c2 = −(hp−earth − h̃2) ≤ 0
c3 = (hp−earth − h̃3) ≤ 0
c4 = −(||δr||−ζ5) ≤ 0
c5 =||δr||−ζ6 ≤ 0
c6 =||δv||−ζ7 ≤ 0

(39)

The optimization frame in the CRTBP system is shown in Equations (35)–(38). From
Step 4, the orbital parameters of the spacecraft and the moment of the maneuver obtained
in Step 3 are optimized in the CRTBP system.
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Step 5: The optimized solution with the smallest ||∆V|| is selected as the design
result for the spacecraft’s orbit. We output the following variables: the parameters of the
maneuver [||∆V||, α, β, dt1, dt2]

T, where dt1 is the time from the previous flyby moment to
the application of the impulse in the current orbit, and dt1 = τe − τ3 and dt2 = τ4 − τe.

The calculation procedure of the semi-analytical optimization method is summarized
as follows: in Step 1, the states of the spacecraft in the CRTBP system are converted into
the two-body system. Then, in Step 2–Step 3, the orbital parameters of the spacecraft and
the moment of the maneuver that are able to fly by a target piece of debris in the two-body
system are obtained. In Step 4, these parameters are used as the initial values and are
optimized in the CRTBP system. In Step 5, the optimized solution with the smallest ||∆V||
is chosen to be the flyby orbit.

The calculation procedure of Phase 2 is shown in Figure 12. τ3 is the previous flyby
moment. Di is the serial number of the debris. anglei is the angle between the spacecraft
and Di debris at τ4 = τ3 + 10.5 day. flybyi is the number of times that Di debris was flown
by. The colors of the block diagram in Figure 12 correspond to Figure 11. The green parts
indicate that the NSGA-II algorithm is utilized for optimization. For each flyby target,
the transfer orbit is optimized using the NSGA-II algorithm up to two times when the
Pareto-optimal results are not obtained. When a piece of debris cannot be flown by using
the NSGA-II algorithm, another piece of debris will be chosen as the flyby target until
all three pieces of debris have been used as flyby targets and Pareto optimization results
have still not been obtained. The yellow part means that the semi-analytical optimization
method is used and the purple diagram means that the spacecraft flies without flying by
any pieces of debris.
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Figure 12. Design of multiple transfer orbits.

Figure 13 shows the calculation procedure when the spacecraft orbits the Earth without
flying by any target. Te is the orbit period of the spacecraft. As shown in Figure 13, when
the spacecraft flies without flying by any target and the height of perigee and the inclination
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of the spacecraft satisfy the conditions in Equation (40), the spacecraft does not perform
orbit maneuver, i.e., ||∆V||= 0 .

h̃2 ≤ hp−earth ≤ h̃3

ĩ1 ≤ i1 ≤ ĩ2
(40)

where i1 is the orbital inclination of the spacecraft; ĩ1 = 80◦ and ĩ2 = 110◦. The reason that
Equation (40) is not satisfied is that the spacecraft is influenced by the lunar gravity. There
are two general cases. One is that an impulse should be applied to prevent the spacecraft
from entering the Earth’s atmosphere when the height of the perigee is less than 400 km
because of the fact that the lunar flyby is in front of the Moon. The other one is that when
the height of the perigee is increased because of the fact that the lunar flyby is behind the
Moon and the spacecraft is far away from the nearest debris, the spacecraft will continue
to fly several revolutions without maneuver rather than changing the orbit with a large
impulse to comply with the conditions of debris flyby. When an impulse should be applied,
the optimization parameters are as Table 12 shows. The objective function is as follows:

f (x)=||∆V|| (41)

The lower and upper boundaries of the optimization parameters are as follows:

xmin = [0, 0◦, 0◦, 0, 0]
xmax = [ζ4, 2π, 2π, 3 TU, 3 TU]

(42)

The inequality constraints are as follows:

c1 = −(hp−moon − h̃1) ≤ 0
c2 = −(hp−earth − h̃2) ≤ 0
c3 = (hp−earth − h̃3) ≤ 0
c4 = −(i1 − ĩ1) ≤ 0
c5 = (i1 − ĩ2) ≤ 0

(43)
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Figure 13. Calculation process when the spacecraft flies without flying by a target.

Equations (41)–(43) indicate that if the lunar gravity did not help the spacecraft to fly
by a piece of debris, the impulse could be applied near the perigee to adjust the semi-major
axis or the phase of the spacecraft to prevent the spacecraft from entering the lunar SOI or
to reduce the effect of the lunar gravity.
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6. Numerical Simulations and Analysis

The two-impulse DRO–Earth transfer orbit shown in Table 10 is defined as the 0th
revolution orbit of the spacecraft. After the spacecraft first flies by the target debris in the
0th revolution, the orbit from the position of the first flyby to the next perigee is defined as
the 1st revolution orbit. Similarly, the subsequent orbits are defined as the 2nd revolution
orbit, 3rd revolution orbit . . . and Nth revolution orbit.

The spacecraft departs the 3:2 resonant DRO at 2025/10/31/23:58:43. The target debris
25733 is flown by in the 0th revolution orbit. The subsequent transfers and flybys are shown
in Table 13. The total impulse of the flyby mission is 1.39 km/s and the total transfer time
is 2.23 years. All of the spacecraft’s orbits are shown in Figure 14.

Table 13. Results of transfers and flybys.

Revolution
of Orbits

Target
Debris ||∆V||/m·s−1 α/rad β/rad dt1/day dt2/day ||δr||/km ||δv||/km·s−1

1 25732 8.74 6.26 0.59 4.03 6.27 99.04 4.00
2~3 / / / / / 23.19 / /

4 / 6.61 4.16 0.11 4.37 10.70 / /
5 / 6.92 4.85 3.28 3.03 6.62 / /
6 45722 0.16 4.80 0.52 0.00 9.68 100.00 3.90
7 / 0.65 1.07 6.27 0.00 10.06 / /
8 / 4.60 2.08 2.23 4.99 4.93 / /

9~11 / / / / / 31.34 / /
12 / 47.16 4.40 3.85 0.16 11.84 / /
13 37766 7.00 4.78 1.92 6.61 4.48 99.91 4.00
14 32063 0.22 1.82 5.90 0.00 11.06 100.00 3.80
15 39261 28.00 0.93 3.94 5.71 5.68 100.00 4.00
16 39203 29.94 6.27 6.28 9.82 1.76 100.00 4.00
17 / 17.16 4.23 5.14 0.00 9.36 / /

18~19 / / / / / 16.87 / /
20 40262 20.29 1.04 2.00 3.99 4.38 93.04 3.44
21 / 11.69 4.45 1.70 8.13 0.00 / /
22 43610 / / / / 7.12 100.00 3.23
23 / / / / / 7.09 / /
24 / 27.42 0.07 1.58 3.92 3.41 / /

25~26 / / / / / 13.96 / /
27 43012 38.55 1.71 4.67 0.00 11.59 100.00 3.96

28~31 / / / / / 46.18 / /
32 27433 43.86 1.60 0.72 2.95 8.47 100.00 3.40
33 27432 49.03 0.12 2.11 0.10 8.42 100.00 3.86
34 25942 12.47 2.86 1.74 4.74 3.80 99.99 4.00
35 / 37.87 4.07 5.51 4.02 4.52 / /

36~40 / / / / / 41.25 / /
41 39154 3.54 5.38 2.25 1.78 6.61 100.00 3.49
42 28059 16.52 4.99 0.41 4.32 5.12 100.00 3.59
43 / 1.80 4.38 2.50 4.65 4.60 / /
44 / / / / / 9.19 / /
45 / 51.41 5.91 4.26 4.69 5.83 / /
46 / / / / / 10.60 / /
47 37932 9.95 4.44 4.88 4.10 6.31 100.00 4.00
48 36089 5.55 5.67 3.25 4.77 5.42 99.88 4.00
49 37731 3.71 2.84 5.29 4.04 6.28 100.00 3.70
50 / 60.70 4.22 0.12 0.00 4.90 / /
51 / 53.77 0.87 0.00 0.00 11.84 / /
52 / / / / / 12.05 / /
53 / 56.27 0.81 4.09 0.40 9.65 / /
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Table 13. Cont.

Revolution
of Orbits

Target
Debris ||∆V||/m·s−1 α/rad β/rad dt1/day dt2/day ||δr||/km ||δv||/km·s−1

54 / 4.39 0.99 5.22 5.29 5.23 / /
55~56 / / / / / 20.97 / /

57 / 6.20 2.16 4.51 11.93 0.00 / /
58 / / / / / 12.04 / /
59 / 4.16 4.22 2.13 5.21 5.14 / /
60 / 2.14 5.23 2.97 5.10 5.11 / /

61~62 / / / / / 21.01 / /
63 / 23.31 5.32 3.56 0.00 7.62 / /
64 32959 25.77 3.49 0.94 2.23 5.30 100.00 4.00

65~66 / / / / / 15.19 / /
67 / 48.23 4.22 4.80 4.57 3.39 / /
68 31114 9.80 3.89 4.22 4.45 3.05 99.98 3.88

69~73 / / / / / 38.36 / /
74 / 42.51 5.21 2.23 3.91 3.92 / /
75 / 1.44 4.24 3.49 3.73 3.73 / /
76 / 0.97 5.18 4.91 3.78 3.74 / /
77 / / / / / 7.46 / /
78 39203 44.64 5.83 4.31 3.19 4.76 100.00 4.00

79~80 / / / / / 15.77 / /
81 / 31.86 5.19 2.49 3.86 4.00 / /
82 / 10.62 5.98 5.97 3.61 4.25 / /
83 37215 / / / / 7.56 99.99 3.79
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As shown in Table 13, it takes 83 revolutions for the spacecraft to flyby all the debris
shown in Table A1. In 62 of the 83 revolutions, the spacecraft cruises around the Earth
without flying by any debris.

The relative velocity versus distance of the 21 flybys are shown in Figure 15a. It
shows that the minimum relative velocity of a flyby is about 3.23 km/s. The statistics
of the impulses and the flight times are shown in Figure 15b,c. From Figure 15b, it can
be seen that all impulses are less than 70 m/s. The average impulse of 83 revolutions is
11.05 m/s. The smallest impulse is 0.16 m/s (6th revolution) and the largest impulse is
60.70 m/s (50th revolution). In the 50th revolution orbit, the spacecraft applies a 60.70 m/s
impulse to avoid the spacecraft entering the Earth’s atmosphere due to the lunar gravity.
In addition, the time of flight of the 50th revolution orbit is reduced to about 5 days, as
shown in Figure 15c. Figure 15c shows that before the 63rd revolution, the flight times of
the most of HEO transfer orbits are between 10–12 days. This proves that the period of the
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lunar-resonant orbit is not constant due to the influence of the Moon in the CRTBP system.
After the 63rd revolution, the flight times are all about 8 days. It is because of the fact that
in the 63rd revolution, the spacecraft applies 23.31 m/s impulse near the perigee to reduce
the height of the apogee; otherwise, the spacecraft would enter the Earth’s atmosphere due
to the lunar gravity.
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Figure 15. Analysis of HEO orbits: (a) histories of the distance with regard to the relative velocity;
(b) impulses; (c) flight times.

A key point in the HEO transfer orbit design problem is to appropriately utilize the
lunar gravity. In the 2nd revolution, the lunar flyby is behind the Moon; therefore, the
height of the perigee of the spacecraft is increased. However, in the 2nd revolution, the
spacecraft is far away from the nearest debris. Thus, the spacecraft cruises around the Earth
without taking any maneuvers in the 2nd and 3rd revolutions. In the 4th revolution, the
lunar flyby is in front of the Moon and the spacecraft takes an impulse of only 6.61 m/s to
decrease the height of the perigee with the help of lunar gravity. In the 30th revolution, the
lunar flyby is behind the Moon, while in the 32nd revolution, the lunar flyby is in front of
the Moon. Therefore, the spacecraft cruises around the Earth without taking any maneuvers
in the 30th and 31st revolutions. Using the lunar gravity appropriately, the spacecraft only
needs a 43.86 m/s impulse to fly by a piece of debris in the 32nd revolution. In the 42nd
revolution, the spacecraft takes only a 16.52 m/s impulse to fly by a piece of debris with the
help of the lunar gravity. In the 17th revolution, the spacecraft takes a 17.16 m/s impulse
to lower the height of the perigee as the lunar flyby is behind the Moon. Otherwise, the
spacecraft would not be able to fly by two pieces of debris in the 20th and 21st revolutions.
The same occurs in the 45th revolution. The spacecraft takes 51.41 m/s impulse to increase
the orbit height as the lunar flyby is in front of the Moon so that the spacecraft can fly by
three pieces of debris in the 47th, 48th, and 49th revolutions, respectively.

The time that the spacecraft cruises around the Earth without taking any maneuver is
about 0.89 years. This is because of the fact that in order to reduce fuel consumption, except
for necessary maneuvers such as adjusting the orbital altitude to prevent the spacecraft
from entering the Earth’s atmosphere, the spacecraft does not apply any of the impulses
until the orbital plane is close to a piece of space debris.

On a computer with an AMD 3900X 64-core processor and 128 GB RAM, it takes about
3 days to complete the design of Phase 2.

The optimized result obtained by the semi-analytical optimization method in the 1st
revolution is as follows:

||∆V||= 8.60 m/s, α = 6.24 rad, β = 0.62 rad
dt1 = 3.99 days, dt2 = 6.40 days

(44)

Next, Equation (44) is used as an example to analyze the optimality of the maneuver
solved by the semi-analytical optimization method. The two-body analytical optimal
single-impulse transfer theory is [51]: as shown in Figure 16a, the spacecraft applies an
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impulse at P1 and then flies to P2. v0 is the initial velocity of P1, and the velocity increment
is as follows:

∆v = v1 − v0 (45)
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Decomposing v1 in the chord direction and in the radial direction yields the following:
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The optimal v1 should satisfy the following:

(vρ1 − vc1)•(vρ1 + vc1 − v0) = 0 (48)

which means that the optimal ∆v should satisfy the following:

(vρ1 − vc1)⊥∆v (49)

Equations (45)–(49) present the conditions that need to be satisfied for the optimal
single-impulse transfer in the field of the two-body system. At τ2, the spacecraft completes
the 0th revolution. In the 1st revolution, τ2m = τ2 + dt1, τ3 = τ2m + dt2. The spacecraft’s
position at τ2m on the 1st revolution orbit is denoted as P1, and it applies an 8.7 m/s impulse
at P1. Then, the spacecraft’s orbit is integrated from τ2m to τ3 in the two-body system. The
position at τ3 is denoted as P2. Substituting these parameters into Equations (45)–(49) yields
that the angle between ∆v and (vρ1 − vc1) is 91.24◦ or 271.24◦. Therefore, in the two-body
system, the impulse in the two-body system is near optimal.

Figure 16b shows the spacecraft’s orbit from τ2 to τ3 in the CRTBP system and the
two-body system, respectively. The spacecraft applies an impulse at τ2m and flies by the
target debris 25732 at τ3. During this period, the Moon is far away from the spacecraft; as a
result, the Moon has little influence on the spacecraft. Thus, the impulse calculated by the
semi-analytical optimization method is near optimal in the CRTBP system.

It is worthwhile to compare the transfer strategy from DRO to the debris orbit in
this paper to the other low-energy transfer. For the problem of LEO constellation design,
reference [52] proposes a strategy in which all satellites carried by several vehicles transfer
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from a single launch to the lunar L1 halo orbit; each vehicle needs 0.6 km/s impulse for halo
orbit insertion. Each satellite can return to the desired LEO with small propulsive burns
(minimal ∆V in Earth return trajectory and 0.12 km/s to adjust the perigee). Compared
with reference [52], the DRO–Earth transfer strategy presented in this paper is more fuel-
efficient because the DRO parking orbit is not only long-term stable but also requires less
than 0.3 km/s impulse to depart.

Based on reference [52], reference [53] proposes a similar transfer strategy that uses
the manifold, with six vehicles carrying 36 satellites transferring to L1 halo orbit. Then, the
satellites perform station-keeping and transfer back to LEO in different epochs when the
orbital planes of the desired orbits are appropriate. The average total time of flight of the
return trajectories is 15.98 days (12.34 days for station-keeping and 3.66 days for transfer).
Differing from reference [53], the transfer strategy in this paper takes the departure time as
one of the optimization parameters. Therefore, once the spacecraft leaves DRO, it does not
need to perform station-keeping while entering directly into the Moon–Earth transfer orbit.
Compared with the total time of flight of the return trajectory in reference [53], it can be
seen that the flight time in this paper is lower (12.89 days).

Reference [54] presents a strategy to build a lunar constellation from the same launch
trajectory in the Sun–Earth–Moon system. First, the launch vehicle approaches the region
of L1 equilibrium via a low-energy orbit. Then, the satellites are released and transferred to
low-energy lunar capture orbits. Although this method is designed for lunar constellations,
the LEO–Moon transfer is nearly identical to that transferring back when no perturbations
are considered. Comparing the Moon–LEO transfer in this paper with the LEO–perilune
transfer in Reference [54], it can be seen that although the transfer time of this paper is
longer than that of Reference [54], the impulse near the perilune of this paper is 0.043 km/s
less than that of Reference [54] (0.228 km/s).

7. Conclusions

The paper investigates a one-to-many Chinese SSO space debris flyby mission. The
debris in this multiple-SSO-object flyby mission are chosen by analyzing the distribution
characteristics of the orbital location, type, source, and size of the SSO space cataloged
objects. Based on the ergodic searching method, pruning function, and local optimization,
the optimal orbit of the optimal two-impulse transfer and flyby when the spacecraft departs
from three types of resonant DRO are obtained. The results show that transferring from
the 3:2 resonant DRO has the smallest velocity increment. A semi-analytical optimization
method is proposed to design the optimal large elliptical transfer orbits when the NSGA-II
algorithm cannot obtain the Pareto-optimal orbit. The simulation results show that all target
SSO space debris in the database are near-coplanar flown by at least once. The total velocity
increment of the mission is 1.39 km/s, and the total time of flight is 2.23 years. The results
of this paper can provide the basis for subsequent multiple space debris removal missions.
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Appendix A

The physical parameters of 22 pieces of target debris are shown in Table A1. The orbital
parameters are shown in Table A2. The catalog is from the North American Aerospace
Defense Command (NORAD) [55].

Table A1. Physical parameters of target debris.

No.
NORAD
Catalog
Number

Type Mass
(kg) Shape Width

(m)
Height

(m)
Depth

(m)
Diameter

(m)
Span
(m)

Max.
Cross

Section
(m2)

Min.
Cross

Section
(m2)

1 25733 Debris 50 cone 2.9 1.0 2.90 N/A 2.90 6.61 1.45
2 43012 Rocket Body 1000 cylinder N/A 1.92 N/A 2.90 2.90 8.63 5.56
3 37215 Rocket Body 1000 cylinder N/A 7.50 N/A 2.90 2.90 22.73 6.60
4 32959 Rocket Body 1000 cylinder N/A 7.50 N/A 2.90 2.90 22.73 6.60
5 25732 Rocket Body 1000 cylinder N/A 6.20 N/A 2.90 6.20 19.15 6.60
6 25942 Rocket Body 1000 cylinder N/A 7.50 N/A 2.90 7.50 22.73 6.60
7 28059 Rocket Body 1000 cylinder N/A 7.50 N/A 2.90 7.50 22.73 6.60
8 27432 Rocket Body 1000 cylinder N/A 6.20 N/A 2.90 6.20 19.15 6.60
9 39261 Rocket Body 1000 cylinder N/A 7.50 N/A 2.90 2.90 22.73 6.60

10 32063 Rocket Body 1000 cylinder N/A 7.50 N/A 2.90 7.50 22.73 6.60
11 31114 Rocket Body 3800 cylinder N/A 8.40 N/A N/A 8.40 29.48 8.81
12 39203 Rocket Body 3800 cylinder N/A 8.40 N/A N/A 8.4 29.48 8.81
13 43610 Rocket Body 3800 cylinder N/A 9.94 N/A N/A 9.94 34.44 8.81
14 45722 Rocket Body 3800 cylinder N/A N/A N/A N/A 7.49 26.59 8.81
15 37731 Rocket Body 3800 cylinder N/A 8.40 N/A N/A 8.40 29.48 8.81
16 36089 Rocket Body 3800 cylinder N/A 8.40 N/A N/A 8.40 29.48 8.80
17 37766 Rocket Body 3800 cylinder N/A 8.40 N/A N/A 8.40 29.48 8.81
18 40262 Rocket Body 3800 cylinder N/A 8.40 N/A N/A 8.40 29.48 8.81
19 44548 Rocket Body 4000 cylinder N/A 8.90 N/A 3.35 8.90 31.09 8.81
20 41858 Rocket Body 4006 cylinder N/A 8.00 N/A 3.35 8.00 28.21 8.81
21 37932 Rocket Body 4006 cylinder N/A 8.00 N/A 3.35 8.00 28.21 8.81
22 39154 Rocket Body 4006 cylinder N/A 8.00 N/A 3.35 8.00 28.21 8.81

Table A2. Orbital parameters of target debris.

No. NORAD
Catalog Number a (km) e i (◦) Ω (◦) ω (◦) M (◦)

1 25733 7215.45 0.001437 98.91 210.47 350.69 9.40
2 43012 7083.69 0.012716 98.73 186.11 344.70 15.04
3 37215 7115.79 0.008747 98.82 315.56 295.20 64.01
4 32959 7130.70 0.006916 98.90 131.89 282.58 87.49
5 25732 7211.30 0.003646 98.90 210.33 233.36 178.63
6 25942 7149.59 0.009876 98.80 157.51 194.49 224.30
7 28059 7095.13 0.005130 98.50 100.61 86.59 274.12
8 27432 7223.48 0.005012 99.08 193.56 195.95 221.49
9 39261 7159.09 0.003200 98.96 341.92 8.18 351.99
10 32063 7103.01 0.005454 97.97 177.71 279.44 140.95
11 31114 7205.63 0.005846 98.23 4.81 274.66 84.79
12 39203 7087.82 0.005101 98.47 359.04 345.25 14.73
13 43610 7090.60 0.009093 98.57 285.13 148.48 212.19
14 45722 7116.03 0.005192 98.59 125.23 20.02 340.30
15 37731 7024.18 0.006011 97.65 180.41 152.27 20.73
16 36089 7104.23 0.008140 98.20 148.55 196.06 222.06
17 37766 7050.14 0.00444 98.33 58.18 242.68 116.99
18 40262 7035.01 0.004633 98.30 330.04 137.72 222.76
19 44548 7139.02 0.000605 98.13 170.97 262.86 97.19
20 41858 7150.19 0.003359 98.50 159.81 184.49 175.60
21 37932 7196.48 0.003811 98.69 111.14 108.96 262.11
22 39154 7020.85 0.002062 98.41 55.43 88.48 271.88
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