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Abstract: Researches have focused on the thermal protection system (TPS) of hypersonic vehicles
under severe aerodynamic heat. According to the second law of thermodynamics, heat transfer
needs to consume a heat sink, but the cold energy provided by the airborne heat sink is limited.
Therefore, it is necessary to explore new available heat sinks during hypersonic cruise. This paper
numerically calculated the wall temperature distribution of hypersonic vehicle X-51A with different
Mach numbers, altitudes and angles of attack using ANSYS Fluent 19.0. A dimensionless parameter,
relative temperature coefficient r4, was proposed to characterize the relative value of local wall
temperature in the whole wall temperature range. The distribution regularity and influencing factors
of wall temperature were summarized. The low-temperature region which is less affected by flight
conditions was divided as the heat sink and its heat dissipation capacity (Q) and characteristics were
studied. The angle of attack has great influence on the temperature distribution. In XY view the rear
side of leeward surface is least affected by flight conditions and its 7; is less than 0.2, which can be
used as a low-temperature region. Taking this region as a heat sink to dissipate heat, it is found that
the Q of the new heat sink is 30 kW/m? at Ma 3, 90 kW/m? at Ma 4 and 200 kW /m?2 at Ma 5. The Q
increases greatly with the increase in Mach number, and the convective heat transfer coefficient (%)
also increases. At the same Q, the i decreases with the increase in Mach number. The exploration
of low-temperature region as heat sink has an important reference for reducing the dependence on
consumable heat sink and alleviating the energy shortage of the hypersonic vehicle.

Keywords: hypersonic vehicle; low-temperature region; heat sink; relative temperature coefficient;
heat dissipation capacity

1. Introduction

Hypersonic vehicles are an important development direction in the field of aerospace
in the world, which has the obvious advantages of wider battlefield combat space, stronger
combat penetration capability and higher precision strike efficiency [1]. When the aircraft
cruises in the atmosphere at hypersonic speed, its aerodynamic environment is very
complicated. Shock wave, vortex, interaction and interference between viscous layer and
shear layer exist in the flow field, which would produce strong aerodynamic heating [2].
Therefore, the thermal protection system is one of the key components of a hypersonic
vehicle, which can be divided into three categories [3]: passive thermal protection system,
active thermal protection system and semi-passive thermal protection system.

Passive thermal protection refers to the use of heat-resistant materials and thermal
insulation materials to achieve structural cooling and insulation, which is suitable for
relatively short heating time and moderate heat flux. The main structure of X-51A and
X-43A aircrafts adopts the passive thermal protection structure of ceramic tile [4]. The
X-43A hypersonic aircraft adopts a thermal protection structure of silicon carbide ceramic
composite cover plate and light flexible thermal insulation layer in the high-temperature
area of windward area [5,6]. NASA Space Shuttle engineering discussed the application
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of advanced metallic panel, ceramic blanket, and ceramic tile thermal protection systems
under the heat loads of the Access to Space (ATS) vehicle and a proposed Reusable Launch
Vehicle (RLV). The research shows that an advanced metal system with high-temperature
alloy and high-efficiency multilayer insulation material is expected to be much lighter than
the ceramic insulation system [7].

Semi-passive heat protection is suitable for long time periods and high heat flux.
For example, heat-pipe-cooled TPS can absorb aerodynamic heat in a high-temperature
area and transfer it to a low-temperature area in a short time, which is often used in key
positions such as leading edge of aircraft. Kasen et al. [8] experimentally investigated
the feasibility of metallic leading-edge heat pipe concepts for thermal management in an
efficient load supporting structure. The study indicates that the surface temperature reduc-
tions in heat pipe-based leading edges may be enough to permit the use of non-ablative,
refractory metal leading edges with oxidation protection in hypersonic environments.
Steeves et al. [9] proposed integrating a planar heat pipe into the structure of the leading
edge; the heat can be conducted to large flat surfaces from which it can be radiated out to
the environment, significantly reducing the temperatures at the leading edge and making
metals feasible materials. The results indicate that the niobium alloy Cb-752, with lithium
as the working fluid, is a feasible combination for Mach 6-8 flight with a 3 mm leading
edge radius. Gene et al. [10] used a verified heat pipe cooling model to analyze the thermal
protection scheme combining evaporation and film cooling. The study indicates that these
cooling techniques limited the maximum leading-edge surface temperatures, moderated
the structural temperature gradients, and led to the conclusion that cooling leading-edge
structures exposed to severe hypersonic flight environments using a combination of liquid
metal heat pipe, surface transpiration, and film cooling methods appeared feasible.

Active cooling is suitable for structures subjected to aerodynamic heating with long
time periods and higher heat flux, and convection heat transfer is usually used for cooling.
Liu et al. [11] designed a transpiration active cooling metallic TPS and tested the cooling
capacity and efficiency of the system. The results show that the recommended transpiration
active cooling metallic thermal protection method really played a role in reducing the
structure temperature. For the principle sample, transpiration active cooling reduced
the internal structure temperature by 50 °C, and the overall structure improved the heat
load dissipation capacity by more than 70%. Maruyama et al. [12] investigated an active
thermal insulation system for protecting a structure from intense incident radiation flux
and study transient heat transfer by combined conduction, convection, and radiation in
a layer of a semitransparent porous medium. Rakow et al. [13,14] studied and improved
the sandwich panels with metal foam cores used in actively cooled thermal protection
systems, which takes metal foam as core and metal foam pores as cooling channels. The
response of the structure under the boundary condition of thermal-mechanical coupling
was studied experimentally.

The thermal protection system utilizes the working medium to absorb heat, convert
heat and power, and dissipate the aerodynamic heat. According to the second law of
thermodynamics, it is impossible for heat to transfer spontaneously and without paying
any price [15]. It needs to consume low-temperature heat sinks and produce irreversible
losses in the process of heat exchange.

There are two traditional heat sinks: ram air and airborne fuel. With the increase in
Mach number, the inlet temperature of ram air increases greatly, so ram air can no longer
be used as a heat sink, and its pre-cooling problem is also a key issue in the development
of supersonic/hypersonic vehicles. However, due to the limitation of quality and safe
temperature, the cooling capacity provided by airborne fuel is also very limited [16-18],
which is difficult to meet the heat dissipation requirements of high-speed aircraft.

When the aircraft is flying at high speed, a shock wave is generated at the nose cone,
and a large area of the fuselage is in the expansion range of the head shock wave. Usually,
the wall temperature of windward areas such as aircraft head and wing front is relatively
high, and there is a certain temperature difference between it and fuselage [19-21]. Therefore,
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by exploring cold source on a large-area low-temperature region, the dependence on con-
sumable airborne heat sinks during flight can be reduced, and the problem of energy
shortage of high-speed aircraft can be alleviated.

In this study, the hypersonic vehicle X-51A is taken as the research model, and Ansys
Fluent 19.0 is used to calculate the temperature distribution of aircraft with different Mach
numbers, altitudes and angles of attack. According to the temperature distribution under
different working conditions, the low-temperature region and high-temperature region
are divided. A dimensionless parameter, surface relative temperature coefficient r;, is
proposed to characterize the local temperature difference. The distribution regularity and
influencing factors of wall temperature are summarized. The heat dissipation capacity and
characteristics of a low-temperature region as the heat sink which is less affected by flight
conditions are studied and analyzed.

2. Physical Model and Numerical Method

The hypersonic vehicle selected in this study is the X-51A cruise body, which adopts a
wedge-shaped head, lifting body fuselage and rear control surface design [22]. The model
is shown in Figure 1. In order to simplify the model calculation, the following assumptions
were made: (1) the solid structure of the aircraft is the same homogeneous medium; (2) The
shape of the aircraft does not change in flight. The flight conditions in this paper are shown
in Table 1.

ANSYS ANSYS
L. R130

/ —
[
—
<
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(c) (d)

Figure 1. Three-dimensional model of X-51a cruise body: (a) Three-dimensional model; (b) The top
view; (c) The side view; (d) The rear view.

Table 1. The flight conditions.

Mach Number Ma 3,4,5
Altitude H/km 18, 25, 35
Angle of Attack AOA/° -10, -5, 0, 5,10

The aircraft and its flow field are taken as the computational domain, and the boundary
conditions include pressure-far field, pressure-outlet, wall and symmetry. The computa-
tional domain is divided into unstructured grids by ICEM CFD 19.1. Numerical calculation
of hypersonic aerodynamic heating requires a high quality of grid near the wall. The first
layer grid height of the near wall in the normal direction (Any) is an important factor
affecting the numerical calculation of hypersonic aerodynamics. In this study, the wall
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cell Reynolds number method based on the free flow conditions is used to calculate the
Any [23,24]. In addition, the growth rate of the boundary layer grid near the wall is con-
trolled to be 1.05 to 1.1, which makes the boundary layer grid grow evenly to meet the
calculation requirements of turbulence model for near-wall grid.

When the boundary condition is pressure-far field, the ideal gas model should be used
to calculate the incoming air. The numerical calculation method adopted in this paper is
based on the finite volume method, the solver is the coupled density-based algorithm, the
turbulence model is the Spalart-Allmaras model, the discrete scheme is the second-order
upwind Roe-FDS scheme, and the gradient interpolation method is the Green-Gaussian
node-based method. The implicit time advance method is adopted. The stability and
convergence of the numerical calculation can be ensured by adjusting the Courant number.
The numerical method is very suitable for the calculation of supersonic viscous flow with
high grid density near the wall and shock wave [25]. In order to ensure the calculation
accuracy, the residual convergence standard of conservation equation is 107°.

3. Verification of Numerical Method and Grid Independence

This paper uses the typical blunt-headed double cone in the NASA-2334 Report [26]
as the verification model, and the shape parameters are shown in Figure 2. The incoming
flow conditions of the verification example are shown in Figure 2. The pressure is 229.3 Pa,
the temperature is 48.88 K, the speed is 1429 m/s, the Mach number is 10.16, the aircraft
wall temperature is 300 K, and the angle of attack is 4°. The heat flux distribution along
the flow direction at the central axis of the windward surface (¢ = 180°) and the leeward
surface (¢ = 0°) is obtained. The numerical data are compared with the experimental data
in Ref. [26]. When the cell Reynolds number is smaller, that is, the first layer grid height of
the near wall in the normal direction is smaller, the numerical data are in good agreement
with the experimental data (as shown in Figure 2).
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Figure 2. The comparison of the aerodynamic heat flux (4w) between numerical data and experimen-
tal data in [26].
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The grid of the X-51A model is divided by the above method. By comparing the
numerical results of different height of the first layer in the normal direction (as shown
in Figure 3), the greater the cell Reynolds number, the worse the convergence of the
calculation. When the cell Reynolds number is less than 30, the convergence of calculation
can be guaranteed.

1300 |
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Grid5 | 500 3.30%107~
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x/L

Figure 3. Grid independence verification of numerical calculation in this study.

4. Results and Analyses
4.1. Distribution of Wall Temperature

Figures 4-6, respectively, show the isotherm distribution on the leeward side of aircraft
at Mach 3-5. The aircraft is a wedge-shaped structure, and a shock wave is formed at
the nose cone. The head of the aircraft is heated most seriously by aerodynamic heating,
and its temperature is the highest temperature of the whole aircraft, while the fuselage
temperature is decreasing along the air flow direction.

At Mach 3, the temperature of nose cone is 630 K, and the temperature of fuselage is
about 570 K; at Mach 4, the temperature of the nose cone is 1038 K, and the temperature of
the fuselage is about 850 K; at Mach 5, the temperature of the nose cone is 1590 K, and the
temperature of the fuselage is about 1000 K. When the aircraft is cruising at high speed, its
wedge structure makes the nose cone form a shock wave, which is most seriously heated
by aerodynamics and the temperature is also the highest temperature of the whole aircraft.
While the fuselage is in the shock-wave expansion zone, the fuselage temperature is lower
than the head temperature and gradually decreases along the air flow direction. It can be
seen from the figures that the red high-temperature region occupies a small area of the
fuselage, mainly concentrated in the nose cone, while the blue relative lower temperature
region occupies a large area of the fuselage.
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Figure 4. Isothermal distribution of leeward side at Ma 3.

Ma=4 H=18km
Temperature (K)
b
1038.57 S
1021.49
| 1004.41 2
— 987.32 5
— 970.24 L=
= 953.16 ﬁg
= 936.08 T%
= 918.99 2% 3
T  901.91 ﬁz’g
— T
884.83 NS
- 867.75 E
L 7 Py e
850.66 EPE
833.58 = 4
l 876.50 L, s
799.42 ‘% =
= -
= 2
| /
o ke - &E%

g_%
T
=
(e Y

84,83
L
-

5

7
PR

-]
O
M
&
YL

Figure 5. Isothermal distribution of leeward side at Ma 4.



Aerospace 2021, 8, 238 7 of 14

34 5

= = 477
Ma=5 H ngmf.f;’f‘g:

L8580
Temperature (K) ‘gg ?
Wi
1592.03 ~ 5
1534.80 éa
ket . &l
A /—\/Qg '\?
— 1363.12 % & /‘]ﬁ
I 7305.89 ] S
L 124867 p3e32 | 7
1 1191.44 _ S
= 1134.271 -~ =
= 1076.99 | =
1 1019.76
= 962.53 e
905.31 Y
I 848.08 =
790,83 b
ha
y b
1191.3I4 ..‘.’.".\i‘,‘%
7534.80 ;: 750 d:ﬁ—?\%}
@ by e
L 1S SENE-

Figure 6. Isothermal distribution of leeward side at Ma 5.

Figure 7 shows the variation trend of wall temperature along the flow direction at the
axis of the aircraft and its maximum temperature difference at different Mach numbers,
with the same flight altitude and angles of attack. The maximum temperature difference
(AT) between the highest and lowest wall temperatures is 84.47 K at Mach 3, 203.07 K
at Mach 4 and 497.61 K at Mach 5. With the increase in the Mach number, AT gradually
increases. The low-temperature region is concentrated in the x/L range of 0.5 to 0.8, that is,
the region before the rear side of the aircraft fuselage and the front side of the wing.

2000
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160018 .- {
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Figure 7. Variation trend of wall temperature along x/L at the axis of the aircraft and its maximum

temperature difference.
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4.2. Relative Temperature Coefficient ry

Flight conditions, such as Mach number, altitude, angle of attack, affect the flow
field parameters, such as shock angle and environmental pressure, which makes the
aerodynamic heating of fuselage change, resulting in the difference in wall temperature
distribution. Therefore, it is difficult to divide the high-/low-temperature region which are
less affected by the flight conditions only by the wall temperature.

In this study, a dimensionless coefficient, namely the relative temperature coefficient r;,
is proposed to characterize the relative value of local temperature in the whole temperature
range, that is, the ratio of local temperature difference (Ty, jocal — Tw, min) t0 maximum
temperature difference (Tw, max — Tw, min)-

Tw, local — Tw, min

g Tw, max — Tw, min

where Ty, joca1 is the local wall temperature of the leeward side; Ty, max is the minimum
wall temperature of the leeward side; Ty, min is the maximum wall temperature of the
leeward side.

The distribution of relative temperature coefficient is obtained by post-processing
wall temperature, and the average value of relative temperature coefficient under different
flight conditions is calculated. The visualization results are shown in Figure 8. In the nose
cone region, where x is less than —1 m, the r; is greater than 0.6. The r; on the leading edge
of nose cone and windward side of tail is close to 1, which is closest to the highest wall
temperature. In Figure 8a, the r; of the leeward side where x is located from 1 m to 2.5 m
is less than 0.3, which is the region closest to the lowest temperature. In Figure 8b, the
distribution of 7; on the leeward side is uneven, but the maximum value does not exceed
0.35, which is close to the region with the lowest wall temperature. The area near the lowest
wall temperature in the leeward side is very considerable.

0.3 0.4 0.5 0.6 0.7 0.8 0.9

The average value of relative temperature coefficient

-0.5 0 0.5 1 1.5
(a) x(m)

-0.5 0 0.5 I 1.5 2 2.5 3
(b) x(m)

Figure 8. The average value of relative temperature coefficient (r;) distribution on leeward side under all flight conditions:
(a) the side view of aircraft; (b) the top view of aircraft.

Although the distribution of r; in Figure 8 can reflect the distribution regularity
of a high-/low-temperature region, it is difficult to reflect the fluctuation in local wall
temperature. Therefore, it is necessary to calculate the maximum difference in local relative
temperature coefficient under all flight conditions to reflect the discrete degree of local
wall temperature.
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Figure 9 shows the maximum dispersion degree of relative temperature coefficient
(Ary), that is, the differential value between the 7; ;¢ and the 7y ,,;, under various flight
conditions. The larger the differential value is, the greater the dispersion degree of local
wall temperature is, on the contrary, the smaller the dispersion degree is. Therefore, a
certain region should not only have a relatively low temperature, but also have a small
temperature dispersion under various flight conditions, that is, it can be used as a low-
temperature region. In Figure 9a, the maximum differential value of the 7; can reach 0.8 in
the wedge-shaped leeward side, while it is below 0.4 in another large region on the leeward
side. In Figure 9b, the maximum differential value of the r; at the nose cone is less than 0.4,
and the closer to the edge of the nose cone, the smaller the maximum differential value,
while the maximum differential value in another region on the leeward side is greater
than 0.5. The wedge-shaped leeward side is affected by flight conditions, and the wall
temperature changes greatly, so it is not suitable for a high-temperature/low-temperature
region. However, in XY view, the rear side of the leeward surface (1 m < x < 2.5 m) changes
little under the influence of flight conditions and its ¢ is less than 0.2, indicating that it can
be used as low-temperature region.

0.3 0.4 0.5 0.6 0.7 0.8 0.9

The maximum dispersion degree of relative temperature coefficient
T

-0.4 T T T
02 .
<
Y0
0.2
-1.5 -1 -0.5 0 0.5 1 15 2 2.3 3
(a) x(m)
0.4 |
S _
1 1 1 i i 1 -
0 0.5 ! L5 2 25 3
(b) x(m)

Figure 9. The maximum dispersion degree of relative temperature coefficient on leeward side considering all flight
conditions: (a) the side view of aircraft; (b) the top view of aircraft.

4.3. Influence of Flight Conditions on Temperature Distribution

Figure 10 shows the maximum differential value of the r; at different angles of attack.
Figure 11 shows the maximum differential value of the r; at different altitude. Figure 12
shows the maximum differential value of the r; at different Mach number. The maximum
differential value of the r¢ can reach 0.45 at different angles of attack, 0.35 at different
altitude and 0.15 at different Mach number.

When the flight angle of attack changes, the shock angle changes, which makes the
aerodynamic heating area and position change. In Figure 10a, the rear side of the leeward
surface is in an area where the shock wave flows around and is far away from the position
where the shock wave is generated, so changing the angle of attack has little effect on its
wall temperature distribution. However, in Figure 10b, the leeward surface, especially
the wedge-shaped region, is close to the head cone shock wave, and the angle of attack
has a great influence on it, so the angle of attack has a great influence on the temperature
distribution in this area.
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0.05 0.1 0.15 0.2 0.25 0.3 0.35 0.4 0.45
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Figure 10. The maximum differential value of relative temperature coefficient with different angles of attack: (a) the side
view of aircraft; (b) the top view of aircraft.

0.05 0.1 0.15 0.2 0.25 0.3 0.35

[ R — T T
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0.3 ]
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0.1 ]
0 =
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Figure 11. The maximum differential value of relative temperature coefficient with different altitude: (a) the side view of
aircraft; (b) the top view of aircraft.

When the flight altitude increases, the pressure of the flow field decreases greatly,
while the temperature of the incoming air increases gradually; when the Mach num-
ber increases, the velocity of incoming flow increases. These flight conditions affect the
flow characteristics and state parameters of incoming air, thus affecting the aerodynamic
thermal environment and wall temperature, but the shock wave shape and flow char-
acteristics around the fuselage are almost unchanged. Therefore, changing the flight
altitude and Mach number affect the wall temperature, but have little influence on the
temperature distribution.
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Figure 12. The maximum differential value of relative temperature coefficient with different Mach number: (a) the side

view of aircraft; (b) the top view of aircraft.

4.4. Heat Dissipation Capacity and Characteristics of Low-Temperature Region as Heat Sink

The low-temperature region can be used as a heat sink for heat dissipation. The wall
of this area absorbs heat and its temperature rises, then affecting aerodynamic heating and
wall radiant heating. Eventually, the heat dissipation capacity Q, aerodynamic heat Q, and
radiant heat Q, interact to achieve a new thermal equilibrium:

Qa:Qr+Q

Figure 13 show that the thermal equilibrium temperature changes with the heat dis-
sipation capacity Q along x direction at the low-temperature region under Mach 3-5. In
Figure 13, the heat dissipation capacity (Q) at each position (x/L) corresponds to a thermal
equilibrium temperature. Taking stagnation temperature as the highest equilibrium temper-
ature, the maximum heat dissipation capacity can be determined according to the above
formula, as shown in Table 2. The maximum capacity is 30 kW / m? at Ma 3,90 kW/m? at
Ma 4 and 200 kW/m? at Ma 5. The low-temperature region has a strong heat dissipation
capacity, which gradually increases along the x direction and the increasing Mach number.

Table 2. Heat dissipation capacity (Q) of the low-temperature region with the highest wall tempera-
ture (T'w,max) as thermal.

Tw,max Q
Ma K) (KW/m?)
3 636.9 30
4 1038.57 90
5 1592.03 200

Figure 14 shows the variation trend of convective heat transfer coefficient () with heat
dissipation capacity (Q) along x direction. At the same Q, & decreases with the increase
in Mach number. With the continuous increase in Q, & also increases. After absorbing the
heat dissipation capacity, the thermal equilibrium temperature rises and the temperature
difference with the near wall flow increases, thus enhancing the convective heat transfer.
The fluidity of air near the wall is weak. There is almost no change in heat transfer
coefficient along the x direction, but the boundary layer near the wall where x is located at
2.5 m is affected by the tail, and the heat transfer coefficient increases slightly.
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Figure 13. The heat equilibrium temperature changes with the heat dissipation capacity Q at the low-temperature region

along x/L: (a) Ma 3; (b) Ma 4; (c) Ma 5.
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5. Conclusions

In this paper, the temperature distribution of the hypersonic vehicle X-51A under
different flight conditions is numerically calculated. The distribution regularity and influ-
encing factors of wall temperature are summarized. The relative value of local temperature
is characterized by dimensionless parameter, relative temperature coefficient r;, and the
low-temperature region, which is less affected by flight conditions, is obtained. The low-
temperature region is used as a heat sink to dissipate heat, and its heat dissipation capacity
and characteristics are studied, which provides an important reference for the exploration
and application of the heat sink. The main conclusions of this study are as follows:

(1)  The high-temperature region occupies a small area of the aircraft, mainly concentrated
in the nose cone, while the low-temperature region occupies a large area of the
fuselage. Additionally, as the Mach number increases, the maximum temperature
difference in the aircraft gradually increases;

(2) In XY view the rear side of the leeward surface (1 m < x < 2.5 m) changes little under
the influence of flight conditions and its #; is less than 0.2, indicating that it can be
used as low-temperature region.

(3) The angle of attack has a great influence on the temperature distribution, while the
flight altitude and Mach number affect the wall temperature but have little influence
on the temperature distribution.

(4) With the highest wall temperature as the thermal equilibrium temperature, the heat
dissipation capacity of the low-temperature region is 30 kW/m? at Ma 3, 90 kW /m?
at Ma 4 and 200 kW/m? at Ma 5;

(5) The heat dissipation capacity of the low-temperature region increases greatly as the
increasing Mach number. With the continuous increase in heat dissipation capacity Q,
the convective heat transfer coefficient  also increases.
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