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Abstract: Satellite angular motion under the action of the Sdot one-axis magnetic control algorithm is
analyzed. Sdot control stabilizes the maximum moment of inertia axis towards the Sun. Evolutionary
equations that avoid singularity in the required position are derived. Linearization of equations
is performed and new variables that describe the maximum moment of inertia axis oscillations
amplitudes are introduced. The resulting equations are suitable for the averaging method application.
Evolutionary equations for slow variables are solved. Simplified evolutionary expressions are verified

with numerical simulation.
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1. Introduction

An Sdot magnetic attitude control algorithm was proposed in [1]. This one-axis control
was designed for the Chibis-M satellite [2] to provide solar panels attitude towards the Sun
in emergency situation of the reaction wheels failure. Control was successfully used during
the extended mission lifetime in this particular situation [3]. The Sdot control has distinct
advantages and disadvantages. As an emergency control algorithm, it benefits from a very
simple formulation, thus requiring negligible computation efforts in the commanded dipole
moment calculation. Moreover, this control directly utilizes the difference between two
consecutive Sun sensor measurements in a way similar to Bdot [4,5], thus avoiding attitude
determination routines. The disadvantages are ambiguity in the stabilization direction and
low expected accuracy compared to a typical one-axis spin stabilization concept [6-13].
Sdot leads to the satellite rotation. There is no control over the rotation rate since Sun
sensors cannot provide information about the rotation around the Sun direction. Sdot
may be considered as a simple low performance version of spin stabilization suitable for
the Sun’s acquisition in an emergency situation. Similar approach is developed in [14]
where Sun sensors and magnetometer measurements are used for the Sun acquisition on
a Sun-synchronous orbit. In [15], only two magnetorquers are used. In [16], an intuitive
approach is centered around the solar panels’ current output for the control construction.
In [17] the Sun direction vector is utilized for the dipole calculation.

The present paper supplements results developed in [1]. Namely, paper [1] analyzes
the satellite motion in the Sun acquisition phase, which is far from the required one axis
stabilization. Asymptotic behavior is investigated showing that the satellite settles at the
rotation around the maximum moment of inertia axis while this axis aligns with the Sun’s
direction. However, the equations of motion used in [1] have singularity in the required
attitude. Attitude angles of the satellite and its angular momentum that are convenient for
the transient motion analysis cannot be used for the investigation of the motion near the
required attitude. The present paper fills this gap by introducing different evolutionary
equations that are free from singularity in the required attitude. These equations are further
linearized and new variables are introduced to represent the amplitudes of oscillations
near the Sun’s direction. Linearization is widely used to analyze stability with Floquet
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theory, design specific magnetic attitude control, or to find an approximate solution to the
equations of motion [18-22]. In the present paper, the evolution of amplitudes in linear
approximation is investigated using the averaging technique [23,24]. This technique is
well suited for the considered problem. The satellite settles at a constant rotation around
one axis and the control depends on the periodically varying geomagnetic field. Both
situations are extensively studied [25-27] with the averaging approach to establish the
essential evolutionary dynamics of the satellite. The developed approximate solution is
verified with the numerical simulation in the paper.

2. Evolutionary Equations of Motion

Paper [1] utilizes classic evolutionary variables that are also commonly called Beletsky-
Chernousko variables [28]. These variables include the angular momentum magnitude
and two sets of attitude angles describing the momentum vector and satellite position.
Evolutionary equations are convenient for the analysis of spinning satellite dynamics.
The rotation rate is characterized by a single variable. A single angle represents the
angular momentum vector attitude relative to the designated direction in the inertial
space. Similarly, a single nutation angle represents the discrepancy between the angular
momentum vector and the maximum moment of the inertia axis. However, the equations
exhibit singularity when any of these angles is close to zero. Therefore these equations are
well suited for the Sun acquisition motion analysis, but cannot be used in a Sun tracking
mode near the required attitude.

To overcome this problem, another set of angles is introduced in the paper. The general
approach remains the same. First, the angular momentum vector attitude in the inertial
space is established using two angles. Second, the satellite attitude relative to the angular
momentum vector is described with three angles. The difference with classic evolutionary
variables is that two pairs of angles represent the deviation of the angular momentum from
the required direction and the maximum moment of inertia axis deviation from the angular
momentum. As a result, this set of angles is less convenient to represent essential motion
characteristics, but at the same time the singularity is avoided.

2.1. Angular Momentum Vector Attitude

First the inertial reference frame OY1Y,Y73 is introduced. The origin is placed at the
Earth’s center (its motion is neglected on a short time interval of a few hours). Axis OY3 is
directed along the satellite orbit normal, and axis OY] is directed towards the ascending
node of a keplerian orbit. This reference frame is used to introduce the geomagnetic
induction vector model.

Angular momentum motion is described relative to the inertial reference frame
0OX1X,X3. This frame has its OX3 axis directed towards the Sun. This direction is consid-
ered constant since the dynamic analysis is confined to a few hours and Earth’s motion
around the Sun can be neglected. Axes OX; and OX, may be chosen at will. Equations
of motion utilize satellite attitude with respect to the OX frame whereas the geomagnetic
induction vector is represented in the OY frame. Constant matrix C: OY — OX is used for
the transition between these frames. This matrix depends on the current Sun position OX3
relative to the satellite orbit which is described by OY frame axes.

Reference frame OL1L,L3 is associated with the satellite angular momentum. Axis
OL; is aligned with the momentum vector. The choice of OL; and OL; axes is somewhat
arbitrary for the single-axis stabilized satellite. In the present paper this choice is governed
by the requirement of no singularity in the equations of motion when axes OL3; and OX3
coincide. To construct the OL; axis, consider the OX;L3 plane (Figure 1). The direction that
is perpendicular to OL3 in this plane is designated as OL;. As there are two perpendicular
directions in this plane, the angle between OL; and OX; L3 should be acute for unambiguity
of the reference frame construction. Axis OL; is constructed to complement the right-
handed reference frame. The transition from OX reference frame to OL frame is defined by
two consecutive rotations. Corresponding angles are defined in Figure 1. The first rotation
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is performed around the OXj axis. This rotation aligns OX; along OL, axis, and the rotation
angle is designated as p. A second rotation by the angle ¢ around the OL, axis aligns the
intermediate third axis with the angular momentum direction OL3. The angle between
the angular momentum vector and the maximum moment of inertia axis is defined as
cos B = cos f cos ¢.

A .X; (Sun direction)

P
L L
3 g G 2

(angular \

momientum)

P >
P
X L

1

Figure 1. Angular momentum vector attitude in the inertial space.

The required Sun-facing satellite attitude corresponds to the alignment of the angular
momentum vector OL3 with the Sun direction OX3 which is characterized by angles
p = o = 0. Unlike classic evolutionary variables, there is no single angle between OL3
and OXj3. This complicates the interpretation of the dynamics. On the other hand, this
eliminates singularity in the equations of motions. To derive these equations, the transition
matrix OL — OX is established,

cos o 0 sino
Q= | sinpsinc cosp —sinpcoso |. 1)
—cospsing sinp  cospcosc

Designating the angular momentum vector as L and its magnitude as L one arrives at
a simple expression Ly = (0,0, L) in OL frame. Angular momentum vector in the inertial
frame OX is therefore

Lx =Q-(0,0,L) = L(sinc, — sinpcos o, cos pcos ).

Subscript X refers to the vector expressed in OX frame. Likewise other subscripts
define vectors expressed in different frames further on.

Taking the derivatives of the momentum vector components in the inertial space
and solving for L, p, and o derivatives, equations that represent behavior of the angular
momentum vector magnitude and its attitude in the inertial space are obtained,

dL

i ar — 1143/

A

dar _L_fOSO'Mz’ )
o _
ar ZMll

where M are the torque components in the angular momentum reference frame OL in the
following analysis.
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2.2. Satellite Attitude Relative to the Angular Momentum

Satellite-fixed reference frame Ozz,z3 is defined by the principal central axes of inertia.
Satellite reference frame attitude relative to the angular momentum reference frame OL is
represented by the rotation angles ¢, 6, ¢ with rotation sequence 3-2-1 (Figure 2).

Figure 2. Satellite attitude relative to the angular momentum.
The rotation matrix Oz—OL is

cospcosf singcosypsing —cos@siny cos @ cosipsinf 4+ sin@sinyP
A= |singcosf singsinysind+cospcosy cosg@sinysing —singcosy |. (3)
—sinf sin ¢ cos ¢ cos ¢ cos 6

Axis Ozj is the maximum moment of inertia one further on. As the satellite settles at
the rotation around the maximum moment of inertia axis in the Sun acquisition phase [1],
this means that Oz aligns with OL3. The required attitude is therefore ¢ = 6 = 0.
Analogous to the angular momentum attitude, the maximum moment of inertia axis
attitude relative to the angular momentum vector is defined by two angles instead of one in
classic evolutionary equations. However, the equations of motion do not exhibit singularity
in the required position.

Equations for the attitude angles require expressions for the angular velocity compo-
nents. Projecting derivatives of angles depicted in Figures 1 and 2 on Oz frame axes yields

L : S . .
Wz = —a31 = Pazy + ¢+ p(coscoayy +sinoazy) + cay,

L . : . . .
Wz, = Zax = Ppaz + 6 cos ¢ + p(coscary +sincazy) + can,

L . - ) . .
Wz = 033 = Pasz — Osin @ + p(cos oayz + sinoazs) + oays,

where A, B, C are the principal moments of inertia of the satellite, a;; are matrix A compo-
nents, wy are angular velocity components along Oz frame axes. Derivatives of the angular
momentum attitude angles p, ¢ are given by (2). Solving equations for the satellite attitude
angles derivatives provides

.2 2
9 _ Lsin@(—;l TR go) + LC(l)se(_Ml siny + M cos ¢p),

dt B C
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.2 2
4y L<SH;3 P4 COSC 90> + %Mz(cosq)tane +tano) — %Ml sini tan 6, 4)

de . 1 1 1 .
i LsmgocompcosQ(B - C) - Z(Ml cos P + My sin ).
Equations (2)—(4) fully describe the angular momentum behavior in the inertial space

and satellite rotation relative to the angular momentum.

3. Satellite Environment

The satellite motion is considered in two different scenarios. The first simplified
scenario is utilized to obtain the approximate evolutionary dynamics of the satellite. It is
subjected to the control torque only. Evolutionary equations of motion are solved with an
averaging technique revealing expressions that describe the satellite dynamics. In order
to verify this result, a second scenario is developed. The satellite is exposed to various
disturbance sources in the numerical simulation of initial equations of motion.

3.1. Control Law and Geomagnetic Field Model in Simplified Scenario

The control torque is
M =m x B, ®)

where m is the control dipole moment, B is the geomagnetic induction vector. Sdot control
law expression is [1]
m = kcos x(w X S), (6)

where k is a positive control gain, S is the direction to the Sun, « is the angle between the
Sun direction and geomagnetic induction vector.

The direct dipole model is used for the geomagnetic field representation. The induction
vector in OY frame is [29,30]

3 . (3 1 . .
By = By (—2 sin 2wyt sin i, (2 cos2wpt — 2) sini, cosz) = By(B1y, Boy, Bsy), (7))

where wy is orbital rate, By = p/ 3, [T 7.7245-10° T-km3, r is the satellite radius vector.
Note that the induction vector magnitude is not constant. Its magnitude is

B| = Box(t), ®)

where x(t) = /14 3sin® wyt sin? i with i being the orbit inclination. Unit induction vector
by and its components are introduced according to

by = By/Box(t), bxy = By /x. )

Despite not being exactly the induction vector magnitude, constant By is used as a
general measure of the field intensity (note that 1 < x < 2).

Control torque, control dipole moment, and geomagnetic induction expressions com-
plete the dynamical model (2)—(4).

3.2. Satellite Motion Framework in the Numerical Simulation

A numerical simulation is performed with classic Euler angles and quaternion
kinematics [31],
Jdw/dt+w xJw =M,

(4)=2(8)- (0)
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where “0” is the quaternion multiplication and J is the satellite inertia tensor. The satellite
is subjected to the control torque, gravitational torque, aerodynamic torque, torque due to
the residual dipole moment, and disturbing torque due to the unknown or complex factors.

The control dipole moment (6) is simplified taking into account that dS/dt ~ —w x S
for almost constant inertial Sun direction. Further simplifying the derivative as a finite
difference, the actual control becomes

Sk — Sk—1

m = —kcosa
At

where two Sun sensor measurements on two consecutive control steps are used. An IGRF
model [32] is used to represent the Earth’s magnetic field for the control torque calculation.

Gravitational torque assumes a central Earth field [31]. Aerodynamic torque is cal-
culated as the sum of torques acting on the sides of a parallelepiped satellite facing the
incoming flow [28]. The residual dipole moment has the constant value of the specified
magnitude along each satellite axis and periodic part with approximately orbital frequency.
Other factors, for example solar radiation pressure, Earth’s oblateness, etc. are generalized
under constant and periodic torques, the latter having orbital and double orbital rates.
Finally, the Sun’s direction is determined with constant bias and normally distributed noise.

4. Evolutionary Equations near the Required Attitude

Equations of motion (2)-(4) are linearized near the required attitude characterized by
small angles ¢, 6, p, 0,

aL do 1 do 1
E_M?HE_*Z Z’E_LML

dp 1 1 1 .
i LG(C - A) + f(_Ml siny + Mp cos ),

dp L 1 1
5 =¢ + zMz(GCOSV,U—FU') — ZM19SH11P,

do 1 1 1 .
E = qu)(B - C) - Z(Ml COS¢+M2SIan).

Linearization implies that quantities of the second order of small angles are ignored in
the series expansion of cosine function and third order is ignored in sine function. As a
result the direction cosines matrices (1) and (3) in the linear approximation become

1 0 ¢ cosp —siny 6Ocosyp+ @siny
Q=10 1 —p]|,A=|siny cosyp Osinyp—g@cosy |. (10)
—c p 1 —0 @ 1

Specific expressions for the control dipole moment (6) and control torque (5) are
required to fully expand equations. Recalling that evolutionary equations utilize torque
components in OL frame, the Sun’s direction is calculated as

S; = Q%(0,0,1) = (—0,p,1).

Note that linearized matrix Q (10) is used. The angular velocity vector in OL frame is
related to the velocity vector in Oz frame as wj = Aw;. The angular momentum vector
in Oz frame is related to the angular velocity in the Oz frame and momentum in the OL
frameasL, = Jw, = AT(O, 0, L). Solving for the velocity in OL frame and using linearized
matrix A provides

—L0cosy — Fgsiny + L(Bcosy + psiny)
wp =1L —%Qsinlp—l—%q)costp%—%(esimp—q)cosw) . (11)
1
C
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The linearized control dipole moment is therefore

WL — pwsL,
m; — kcosu —w1p —owsr |,
0

where the angular velocity components wy; are given by (11). Angle & between the Sun
direction and geomagnetic induction vector is calculated in the inertial reference frame.
The unit geomagnetic induction vector by in OX frame is introduced according to (8) as
Bx = Box(t)bx. Specific expressions for the induction vector components are given in the
OY frame (7). Transition to the OX frame is performed according to bx = Cby. Without
expanding the transformation expression, bx components are further designated as by, for
the majority of the analysis. Note that the subscript “X” that designates vector components
in the OX frame is omitted for brevity in by.

Recalling that the Sun is directed along the OX3 axis and taking into account that
by constitute a unit vector by, the angle between the Sun direction and the geomagnetic
induction vector is calculated as cosa = b3. The induction vector in the OL frame is
required for the torque calculation,

bl *0'173
BL = QTBX = B()X bz + pbg
bs + oby — pby

Substituting the dipole moment and induction vector in the control torque expression
(5) provides
—(owsL + wir)bs
M; = kByxbsL (PW3L - wZL)bS
(owsL 4+ wip)br — (pwsr — war )by
Introducing this along with wy; expressions (11) into the linearized equations of
motion yields

——kBo)(bgL[bl{ (0 +6cosyp+ @siny) — 9cos¢—%qosinlp}—
2{@(p—651n1,b+ @cos) + LOsiny — %QDCOSIPH,

dp = kBoxb3 ( p—l—@sml[]—i—gocosw)—lesmlp—i- —@cosy|,
dt A B
do 1 .
i —kBoxb3 (U+9cos¢+gosm1/;)—29cos¢ q)SH’Il/J ,
ZZ’LG( )+kBoxb3[ Usmlp+pcos1p)+q)<1—113)],
a _ L
it C’

do 1 1 1 1
dt_L(P<B C)+kBOXb3|:C(0'COS4? psm¢)+(p<CA)]_

Note that by and ) are time-varying and periodic.

Further analysis of the equations of motion requires small parameter introduction and
dimensionless time. Angular momentum magnitude Ly and attitude angles are constant in
the absence of the torque. The satellite rotates uniformly in this case,

dp _ Lo

= — = const
dt C
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The undisturbed rotation rate Ly/C and corresponding rotation period are used as a
base for the dimensionless time T = Ly/C - t. Small parameter ¢ = kBy/ L characterizes
the change of the angular momentum relative to its magnitude. The relative change is
slow if the control torque is weak enough, and ¢ < 1. Finally, the dimensionless angular
momentum magnitude is expressed in terms of the undisturbed value as I = L/Ly. Fully
dimensionless equations of motion are

I = exlbs {bl{a—k fcosyp + @siny — %Gcosgb— %(psinlp} -
bz{p—Gsinlp—kq)cosw—k %GSinyI)— %gocostp}],

o = exb3 [—p+65inlp+(pcos¢— %Bsinlp—i— gq)COSlP},

(}':—sxbé{a—i—@cosw—i—(psinlp—j@cosgb—(B:(psinlp}, (12)

~

¢ = 19<1 - f‘) + exb3 [asin¢+pcostp+go(1 - (];)

y=1

0 = l(p(g —1) + exb3 [acos¢—psin1p+(p(1 - i) .

5. Linearized Equations Analysis

Equation (12) includes small parameters and therefore /, p, and o are slow variables,
whereas the rotation angle 1 is fast. Angles ¢ and 6 represent the maximum moment of
inertia axis attitude relative to the angular momentum vector. Intuitively, the angle between
the maximum moment of inertia axis and the angular momentum changes slowly. This is
formalized in derivatives of ¢ and 6 being proportional to their values, which are small
in linear approximation. However, the structure of the equations of motion requires slow
variable derivatives to be proportional to small parameter ¢ for the averaging technique
application. Equation (12) does not satisfy this requirement. The additional change of
variables is performed to modify these equations.

5.1. Maximum Moment of Inertia Oscillations Amplitude

Angles ¢ and 0 should be replaced with new slow variables. Consider the torque free
motion of the satellite for this purpose. In this case e= 0 and

S )2
¢ = —Ay,

. 13
o= 1, (13)

where /\%0 =1(C/A—1),A? = I(C/B—1), and the angular momentum magnitude ! is
constant. Note that C is the maximum moment of inertia. The solution for (13) is

¢ =acos(AgAgT) — b% sin(AgAgT),

14
6= aj\‘—z sin(AgAgT) + beos(AgAgT), (14)

where a = ¢(0), b = 6(0).
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Torque influence on motion (14) results in change of amplitudes 4, b and frequency
ApAg. To find this change, the derivative of the expression for ¢ is introduced to (12)
leading to

¢ = c0s(Age) ffrd:%’fi sin(ApAsT) — aAgAgsin(ApAeT) —
b3t sin(AgAgT) — bRt £ cos(ApAgT) — b3t cos(ApApT) =
_A%u EaQZ sin(ApAgT) + bcos (A(P)\gr)) +eMp+

1-— %) (a cos(AgAgT) — b%’ sin()\q,)\er)),

exb3

where M, = xb3(osiny + p cos ). Note that expressions (14) are used for ¢ and 6 in (12).
The frequency derivative is

dA;:g _ iT (l\/(C/A —1)(C/B - 1)> =elM,

where ¢ = \/(C/A —1)(C/B — 1), M is given by the right side of the first equation in (12).
Simplifying yields
acos(ApAgT) — b%’ sin(AgAgT) = eZTaM; sin(ApAeT) + eéTle%’ cos(ApApT)+
eM, + exb3 (1 — %) (a cos(AgAgT) — b%’ sin()\q,)\gr)>.

Performing similar operations with 6 provides

éz/)\‘—i sin(ApAgT) + bCOS(/\(P)LgT) = *ng“Mli\Ti cos(ApApT) + eETbM sin(ApAeT)+
eMy + exb3 (1 - %) (a%‘; sin(ApAeT) + b cos()\q,)\gr)),
where My = xb3(ccosyp — psin).
Finally solving for the amplitudes derivatives
a= sgrb%’Ml + eM, + exab3 (1 - % cos? (AgAgT) — % sin? (A(PAQT)) +
sxbb%%’ (% - %) sin(ApAgT) cos(AgAgT),

b= —egTaM, + eMy, + exbb3 (1 - § sin? (ApAgT) — § cos? (ApAgT) ) +
sxab%i‘—z (% -< sin(AgAgT) cos(ApAeT),
A
M, = My cos(ApAgT) + 35 My sin(ApAeT),
0
where

My, = _/)\\:,pr sin(ApAgT) + Mo cos(AgAeT).

Unlike derivatives of ¢ and 6, derivatives of 4 and b are proportional to the small
parameter. Treating (14) as the change of variables ¢, 8 — a, b the equations of motion are
represented in the form

I = exlbs b1{0—|— fcosyp + @siny — %Gcosgb— %(psinlp} -
byqp —Osinyp 4 ¢ cosp + %Gsinlp— %gocost[JH,

o = exb3 [—p+65inlp+(pcos¢— %Bsinzp—i— gfpcosw},
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. ’ . C c .
o= —exbs|oc+6cosyp+ @siny — ZGCOSI/J - Egosmlp ,
a= s@rb)\—Ml +eM, +exab( 1 — 7 s (ApAgT) — - sin (AgAgT) |+ (15)
0

A
erttd5e (5 = 5 ) sin(ighar) cos(atee)

b= —eftaM + eMy + exbb} (1 — § sin? (ApAgT) — § cos?(A, /\(;T))
exab3 un (E — &) sin(ApAgT) cos(AgpAgT),

p=1
Note that (15) retain ¢ and 6 in the right side of three first equations for brevity.
Expression (14) provides relevant dependency ¢(a,b) and 6(a, b).

5.2. Averaged Equations of Motion

Equation (15) is suitable for averaging. It contains one fast variable i that represents
the satellite rotation around the maximum moment of inertia. Slow variables are the
angular momentum magnitude, its attitude angles in the inertial space, and the amplitudes
of oscillations of the maximum moment of inertia axis relative to the angular momentum
vector. Note that Equation (15) also contains time in by and x. However, the geomagnetic
induction vector changes with the orbital rate. Considering that the satellite rotation rate
is significantly higher, Equation (15) is averaged over 1 treating time-dependent terms as
slowly varying parameters,

I = exlbs(byo — bap),

o = —exbip,
o = —exbio,
. /\(P 2 C 2 C .2
a= sCrb)\—Ml +exabs(1— 7 C0s (ApAgT) — < sin (AgAgT) |+ (16)
0

exbb3 =2 (C - C) sin(AgpAgT) cos(ApAeT),

= —eftaM; + exbb3 (1 — Ssin?(AgAgT) — § cos? (Aq,)\gr)) +
exab3 st Ag ( %) sin(AgAgT) cos(ApAeT),

where Ml = )(lbg(bla' — bzp)

Equations for the angular momentum attitude angles p and ¢ has the form dx/x = f(7)dt
and therefore can be directly solved. The exact expression f(7) and its integral depend
on the geomagnetic induction vector in the OX frame. Recalling from Section 2.1 that
By = Box(t)by, Bx = CBy, and expression (7), we arrive at

B 3
xb3 =x <3X) = Z Z €3kC3m By By (17)
X Xk 1m=

Here cy,, are transition matrix C elements. Induction vector components Byy are
introduced in (7). However, without specifying the Sun’s direction in the OY frame and
therefore coefficients cy,, it is evident that both angles exponentially tend to zero. The
angular momentum magnitude ! can be found after p and ¢ directly integrating the first
equation in (16). As p and ¢ tend to zero, the angular momentum magnitude tends to the
constant value. Overall, the angular momentum vector behavior is fully described by the
three first equations in (16), which are independent from the last two equations.
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5.3. Maximum Moment of Inertia Oscillations Amplitudes Evolution

The maximum moment of inertia axis motion is described by the last two equations in
(16) and expressions (14). Unlike the first three equations in (16), the equations for a and b
cannot be directly solved. However, the asymptotic stability of 2 = b = 0 equilibria can be
established. First, we assume that the angular momentum vector already settled near the
Sun’s direction, so angles p and ¢ are close to zero and therefore M; ~ 0. Omitting the first
term in equations for a and b provides

a = exab? (1 — £ cos? (AgAgT) — § sin? (A(,,Agr)) +
sxbb%%‘g (% - %) sin(AgApT) cos(ApAeT),
b= exbb3 (1 — Ssin?(ApAgT) — § cos? ()\(p/\gT)) +

sxabg% (% - %) sin(AgAgT) cos(ApAgT).

(18)

These equations are independent from the equations describing the angular momen-
tum evolution. The following change of variables is introduced,

_ A A
oc—a\/):), ,B—b\/): (19)

Equation (18) is expressed as

R [ L

1 2(Cc _C - COS(Z/\(P)\QT) Sin(ZA(P/\gT) 114
+2£Xb3(3 A)( sin(2ApApT)  cos(2ApAgT) ) \B)

The next nonsingular change of variables is

() = (alieh) smGhomy (1), -

Equation (20) in new variables are

i;l . 2 _Cc _ C 1 0 u 1 2(C _C -1 0 u
<z>> = ext3(1- % 23)(0 1) <v> + et (5 A)(o 1)\o)"
0 —1\[u
el 0)(2)
The Lyapunov candidate function for this equation is
_ LYo o
V= 5 (u +v )

The derivative of this function is
. C C
V = exh3 <1 - B)uz + exb3 <1 - A)v2.

This derivative is negative if C is the maximum moment of inertia except for the
origin u = v = 0. Therefore, the origin is asymptotically stable. Moreover, as changes of
variables (19) and (21) are affine, the initial Equation (18) is stable at origin as well.

Equation (18) may be further simplified by applying averaging over time, thus leading
to double averaged equations. Expression xb3 is expanded according to (17). The induc-
tion vector components Byy, as well as x, periodically depend on time with frequency
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7 = 2wpC/Ly. The averaging of Equation (18) requires right side expansion into a series of
trigonometric functions. Therefore, 1/ x should be expanded. To do so, expression

1 1 1 o 2f
= = 1+2Y «%¥cosjnt |, 22
x> 1+43sin®(1/27)sin?i m( ]; i ) )

2
. 2 .
where k = (1%2?”11) is established first [33]. Note that parameter « is relatively

small. For example, it is close to % for inclination 51.7°. This parameter is present in powers
2j in (22). Only the first term in (22) is retained since even this term is noticeably small due
to k2 & 0.055. The root of (22) provides expression for 1/x. Decomposing the root in a
Tailor series with respect to small parameter x? yields

1/x = (1+3sini)” /4 (1 + %2 cosnr) + O(K4).
This expression, as well as expressions (7) for By, are introduced in (18), providing

a = ea(1+ 3sin’i) i/ (14«2 cosnt)(Bo + 1 cos T + fr(jnT))*
(1-F-&+fr0)+
eb(1 + 3sin? i)fl/d‘(l + x2cos ) (Bo + B1cos T + fr(jnT)) x
2(§-5) e,
b= ¢eb(1+ 3sin?i) _1/4(1 + x2cos ) (Bo + B1cos T + fr(jnt))x
(1-§ -5 +fren)+
ea(1+ 3sin?i) _1/4(1 + x2cos ) (Bo + B1cos T + fr(jnt)) x
22(§=5)fr(c).
Herej=1,2,0 = )\(P/\(;, fr are trigonometric functions, parameters

Bo = ad +1/2a% 4 1/243,

B1 = 2aoay,
npg = C33 cosi — 1/2C32 sin i,
a1 = —3/2c31 sini,
Ny = 3/2032 sin i
are derived from (7).

Functions fr(jy7), fr({7), as well as their products with cos 57T, are zero on average
provided that { and # are incommensurable. Therefore the double averaged equations are

a = ¢e(1+ 3sin? i)71/4 <ﬁ0 + %KZ,B1) (1 -5 - %)a,

; .o —1/4 (23)
b=e(1+3sini) " (Bo+ 3261 ) (1- &5 — 5 )b
These equations are independent. They are directly solved revealing the exponential
decay of the maximum moment of inertia axis oscillations amplitudes.

6. Numerical Simulation

Two numerical simulation scenarios are utilized. The first one corresponds to the
simplified framework summarized in Section 3.1 and is used throughout the motion
analysis. The goal of this simulation is to verify simplifications adopted in the analysis
methodology, which is linearization of the equations of motion and their subsequent single
or double averaging. A second simulation scenario is based on the framework of Section 3.2



Aerospace 2022, 9, 639

13 of 17

and includes disturbance sources. This verifies the applicability of developed approximate
results to the realistic formulation of satellite motion.

6.1. Simplified Scenario Simulation

Independent simulations of initial evolutionary Equations (2)-(4), linear Equation (15),
averaged Equation (16), and double averaged Equation (23) are performed. The following
parameters are utilized:

Inertia moments of the satellite 1.1, 1.3, 1.5 kg~m2 ;
Orbit inclination 51.7°, altitude 550 km (derived parameters are By ~ 24,000 nT, orbital
rate wp ~ 1073 s71);

e  The Sun’s direction in reference frame OY is defined by two angles, ps and og, equal
to 50 degrees each. These angles are introduced similarly to the angular momentum
vector attitude angles p and ¢ in Section 2.1, Figure 1. Accordingly, expression (1) is
used for the transition matrix C calculation;

e Control gain k = 60 kg-m?/s-T.

One of the simplifications utilized in the motion analysis is linearization of the equa-
tions of motion. Attitude matrices Q and A are linearized as well in (10). However, unlike
initial proper transition matrices, the linearized matrices are no longer orthonormal. There-
fore, each time a transition between the reference frame is performed the transformed
vector is slightly “stretched”. Typically, this does not lead to noticeable errors since the
variables tend to zero in linear approximation anyway. In this paper one of the variables
is the angular momentum magnitude which is essentially non-zero in terminal motion.
Instead, it settles at a constant magnitude. This magnitude differs in linear and nonlinear
equations due to the stretching of the momentum vector in linear approximation. The
difference does not exceed the overall accuracy of the linearization assumption. However,
the difference may be reduced by adjusting the initial angular momentum magnitude.
Namely, the initial momentum magnitude is set to be identical in the inertial reference
frame OX in linear and initial equations of motion. Using nonlinear momentum as a base
one, recalling transformation rule Ly = QL;, and momentum expression in OL frame
L. (0) = (0,0,L(0)), the relation between initial conditions becomes

Llinear(o) = Lnonlinear(o)/||qk3” = Lnonlinear(o)/\/l + 02(0) + PZ(O)/

where matrix Q elements q;; are calculated in linear approximation. Another adjustment
of initial conditions is sometimes required for the averaged equations of motion. Initial
and averaged variables are generally not equal at t = 0, and the averaging procedure is in
fact a change of variables. However, in the present case this adjustment turned out to be
unnecessary while requiring relatively bulky calculations.

Moving to the simulation results, Figure 3 provides the angular momentum magnitude.
Note that the angular momentum behavior is fully covered by the first three averaged
equations in (16). It does not depend on the motion of the maximum moment of inertia
axis oscillations. Therefore, the angular momentum behavior is the same for averaged and
double averaged equations and the latter are not present in Figures 3 and 4.

The angular momentum magnitude remains almost constant according to Figure 3.
The satellite motion in the paper is considered near the required attitude, so it is close to the
required rotation and mainly wobble suppression is performed. The difference between the
averaged and initial equation may seem considerable in Figure 3. However, this difference
doesn’t exceed £2, which is the general averaging method accuracy.

Angular momentum attitude angles are provided in Figure 4.

Figure 4 indicates good accuracy of averaged equations in describing the angular
momentum evolutionary motion.

Oscillations of the maximum moment of inertia axis relative to the angular momentum
vector are revealed with Figure 5. Note that initial equations of motion (2)—(4) are absent
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in Figure 5 since they lack the oscillations amplitudes and operate with original attitude

angles ¢ and 6 instead.
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Figure 3. Angular momentum magnitude.
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Figure 5. Satellite oscillations amplitudes relative to the angular momentum.

Figure 5 indicates that the simplest double averaged Equation (23) may be used to
analyze satellite dynamics relative to the angular momentum vector. Equation (23) and
expressions (14) allow angle B between the angular momentum and the maximum moment
of inertia axis (see Figure 1) calculation for the initial nonlinear equations of motion. Figure 6

presents a comparison of this angle in four simulation scenarios.
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Figure 6. Angle between the angular momentum and maximum moment of inertia axis.

Figure 6 presents simulation results for different initial conditions. This was performed
to assess the range of applicability of the linearization assumption. Close-up N2 in Figure 6
indicates that the approximate amplitudes derived from (23)—(14) provide very accurate
prediction of the satellite maximum moment of inertia axis motion for small attitude angles
up to 15 degrees. The accuracy is fairly accurate up to 30 degrees and linear approximation
loses its applicability at about 40 degrees deviation. Close-up N¢ 1 shows this situation.
It is clearly seen that linear equations of motion diverge significantly from the nonlinear
very quickly. Together with the angular momentum behavior reported in Figure 4, Figure 6
provides overall confirmation of the applicability of the analysis method and the results
adopted in Sections 4 and 5.

6.2. Simulation in a Realistic Scenario

Simplified results are further verified with the simulation of satellite motion with
various disturbance sources outlined in Section 3.2. The following parameters are used:

aerodynamic torque calculation:
satellite parallelepiped sides are 0.2, 1.1, 1.8 m. This is a simplified geometry of
Chibis-M satellite which was equipped with solar panels;
e  center of mass displacement relative to the center of pressure is 4, 6, 8 cm along satellite
frame axes;
e atmosphere density is 1.8 x 10713 kg/m3 which corresponds to average solar activity
for 550 km orbit;
e residual dipole moment value is approximately 2 x 1073 A-m?. This corresponds to
its possible estimation accuracy [34-36];
Sun direction determination error is 1 degree, both for the constant bias and noise;
unknown disturbance value is approximately half of the gravitational torque;
control torque calculation and numerical integration steps are one second each;
orbit is slightly elliptical with eccentricity 0.01.

The simulation result is provided in Figure 7 for the angle between the maximum
moment of inertia axis and the Sun’s direction.

Figure 7 indicates that averaged equations of motion adequately describe satellite
dynamics near the required attitude. Note that disturbance parameters strongly affect this
fact. For example, aerodynamic torque may have a lot higher magnitude during maximum
solar activity. Doubling its magnitude significantly reduces the quality of the approximate
result compared to the numerical simulation. Clearly, the higher that the disturbances
magnitude is, the less is the accuracy of no-disturbance dynamics analysis. Extensive
numerical simulation of satellite motion under Sdot control with significant disturbances
influence is present in [37].
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Figure 7. Solar panels attitude relative to the Sun.

7. Conclusions

Satellite motion in the Sun tracking mode is investigated. An Sdot magnetic attitude
control algorithm is utilized. Equations of motion suitable for the analysis of satellite
motion near the required attitude are derived. Satellite dynamics is analyzed in linear
approximation with an averaging technique. Simplified equations of motion that can
be directly integrated are obtained. Attitude evolution towards the required motion is
described with an accuracy of less than a degree if initial deviation is in the linear range.
Simplified results are tested against the numerical simulation results for the satellite dy-
namics with various disturbance sources showing an accuracy of a few degrees and the
overall successful prediction of satellite evolutionary motion.
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