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Abstract: The transition characteristics of a modified RAE5243 airfoil were investigated using a
wind tunnel test and numerical simulations. Transition detection is of great significance for the
assessment of drag reduction. In wind tunnel tests, transition location can be detected by infrared
thermography. However, in subsonic and transonic wind tunnel tests, the temperature difference
between the laminar flow region and turbulent flow region is small. Moreover, the test models are
usually made of metals, which make the transition location hard to identify. Combined with infrared
thermography, a carbon nanotube heating coating powered by electricity was used to detect the
transition location of a modified RAE5243 airfoil wing. The effects of heating power, angle of attack
(AOA), and Mach number were studied. The results show that heating power has no impact on
transition location. As the AOA increases, the transition location moves forward. With an increase in
Mach number, the transition location moves forward first and then backward, and it reaches its most
forward point at Ma = 0.75. The results of our numerical simulations indicate that, at Ma > 0.75, a
shock wave appears on the wing, and the transition is closely related to the shock wave rather than
the adverse pressure gradient.
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Skin friction comprises an important part of an aircraft’s cruise drag. For modern
large civil aircraft, skin friction accounts for about 50% of the total drag [1,2]. Reducing
skin friction will improve the lift-to-drag ratio and aerodynamic performance of an aircraft,
which can reduce the operating cost. Research shows that skin friction can be reduced by
about 30% by adopting a laminar flow design for the main aerodynamic surfaces such as
wings, vertical tails, horizontal tails, and nacelles [3-5]. Laminar flow control technology
has become a hot topic in the aviation field.

Laminar flow control technology consists of natural laminar flow control (NLFC), full
laminar flow control (FLFC), and hybrid laminar flow control (HLFC) [6]. At present, a
large number of studies on laminar flow control have been conducted, such as studies
on laminar flow airfoil design [7,8], subsonic natural laminar flow wing design [9], and
supersonic laminar flow wing design [5,10,11]. The laminar flow design method, especially

the laminar flow design of aircraft components, has made significant progress. However,
these design methods need to be confirmed and validated by wind tunnel tests or flight
tests. The transition location is one of the most important data points for validation.

In wind tunnel tests, there are many techniques that have been used to detect transition
locations, such as naphthalene sublimation [12], infrared thermography [13], temperature-
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30° swept laminar flow wing. They pointed out that the naphthalene sublimation method
was prone to producing unnecessary turbulence wedges, and the judgment of the transition
location required rich engineering experience. The transition location could be judged
qualitatively and quantitatively with the oil film interferometry method, but the oil line
should be arranged at the appropriate position, and the measuring system was relatively
complex. The transition location could be identified clearly from the infrared images, but it
was difficult to interpret the images when the temperature difference between the model
and the ambient air flow was small.

With the development of high-resolution infrared thermal imagers, the quality of
infrared images has been significantly improved, and engineering applications have also
increased significantly. Many aerodynamics research institutions have regarded infrared
thermography as the primary technique for surface flow regime observations and tem-
perature field measurements. The NASA Ames Research Center [19] utilizes infrared
thermography to measure boundary layer transition, shock/boundary layer interference,
and corner flow. However, it is not easy to use infrared thermography to detect transi-
tion locations in subsonic and transonic wind tunnel tests. Since the total temperature of
incoming flow is room temperature, the theoretical temperature difference between the
laminar flow region and turbulent flow region on an adiabatic wall is only about 1 °C.
Moreover, the test models are usually made of metals, which have low emissivity, high
thermal conductivity, and high reflectivity. It is very difficult to identify the temperature
difference from infrared images.

To facilitate the detection of the transition location, in addition to subjecting the test
model to heat insulation treatment, it is necessary to increase the temperature difference
between the model and the ambient air flow. Commonly, the model is heated by a high-
power halogen lamp [20], thermal resistor, or laser in advance. However, these methods are
poor in terms of temperature uniformity and control accuracy, which increases the difficulty
of detecting the transition location. With a carbon nanotube heating coating, both Klein
et al. [21] and Goodman et al. [22] utilized temperature-sensitive paint (TSP) technology to
detect transition locations in cryogenic wind tunnel tests. Images with apparent transition
features were obtained. The TSP coating was thicker, and the surface’s roughness was not
easy to control. Therefore, a technique combining infrared thermography and a carbon
nanotube coating was developed for the detection of transition locations in subsonic and
transonic wind tunnel tests. With this technique, the transition characteristics of a modified
RAE5243 airfoil wing were investigated. The effects of the heating power, angle of attack
(AOA), and Mach number on the transition location were studied. Numerical simulations
were also conducted to explain the shifts in the transition location.

2. Experimental Setup
2.1. Test Model

A modified RAE5243 airfoil wing (see Figure 1) was chosen as the test model. The
profile of the modified RAE5243 airfoil is presented in Figure 2, which compares this profile
with the profile of the original RAE5243 airfoil. The modified RAE5243 airfoil is thinner
and is supposed to have a larger laminar flow region at high transonic Mach numbers. The
chord length of the wing is 0.15 m, and the span length is 0.55 m. The maximum relative
thickness of the wing is 11%. The base model was made of metal with a surface roughness
of 0.8 um. In the test, the model was vertically installed on the floor of the wind tunnel. The
AOA of the model was adjusted through a base disc. The AOA ranged through o = —3°-3°.
The suction side of the test model rightly faced to the observation window in the side wall
of the wind tunnel. It was convenient for the acquisition of infrared images.

Six temperature sensors, shown as black dots in Figure 1, were installed on the suction
side of the test model to monitor the surface’s temperature. Three of the temperature
sensors, numbered 1-3, were installed in the 30% span section. Another three temperature
sensors, numbered 4-6, were installed in the 70% span section. The temperature sensors
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are PT100 platinum thermistors with diameters of @ = 1.5 mm and measuring range of
T = —20-200 °C. They are able to distinguish a temperature difference of less than 0.2 °C.
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Figure 1. Shape of the test model.
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Figure 2. Profiles of the modified RAE5243 airfoil and the original airfoil.

The final model is covered with a heating coating. This coating consists of the upper,
the middle, and the lower layers (see Figure 3). The upper and the lower layers are insula-
tion layers. Polyurethane insulating paint is adopted, which has good electrical insulation
and heat insulation performance. The thermal conductivity is only 0.018-0.024 W/ (m-K),
and the softening temperature is high, at 250 °C. The middle layer is a carbon-nanotube
conductive water-based coating, which has the advantages of strong adhesion, excellent
heating performance, good elasticity and heat aging resistance. Firstly, the lower insulating
layer was sprayed onto the surface of the base model and had been naturally solidified for
1 h. Then the carbon-nanotube coating was sprayed onto the lower insulation layer, and
had been dried and solidified for 30 min at 80 °C. Finally, the upper insulation layer was
sprayed onto the carbon-nanotube coating and had been naturally solidified for 1 h, too.
Once the coating was ready;, its outer surface would be polished. The thickness d of the
whole coating is about 60 um, with surface roughness of 1.0 um. The roughness is a little
larger than that of the base model.

A pair of copper tape electrodes were arranged at the two ends of the model to connect
the heating coating with the power supply. The heating power was adjusted by a control
system automatically. According to the temperature measured by the sensors on the model,
a feedback control strategy was adopted to achieve the preset temperature. The surface
temperature of the model can be adjusted from room temperature to about 50 °C.
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Figure 3. Schematic of the heating coating.

2.2. Infrared Measurement System

The infrared measurement system mainly consists of a medium-wave infrared thermal
imager (ImagelR 9500, InfraTec, Dresden, Germany, see Figure 4), an infrared lens with a
focal length of 25 mm, a set of image acquisition and processing software packages, and
a low-temperature blackbody. The thermal imager uses a mercury cadmium telluride
(MCT) detector with a maximum resolution of 1280 x 720 pixels, full frame rate of 120 Hz,
and measuring range of —20-1500 °C. The R982A low-temperature blackbody provides
a temperature source ranging from —20 °C to 150 °C and has very good temperature
uniformity. The infrared measurement system has advantages of high resolution, high
frame rate, and wide temperature range.

Figure 4. The IR thermal imager.

A support platform for the infrared thermal imager was installed outside the obser-
vation window (see Figure 4). The platform could realize a position adjustment in three
degrees of freedom (the horizontal direction X, the vertical direction Y, and the direction
Z). The observation window was also changed to a Si glass, which is fit for medium-wave
infrared light. The Si glass has a thickness of 8 mm and a diameter of ¢ = 150 mm. The two
sides of the Si glass are coated with antireflective films. As a result, the transmittance of
medium-wave infrared (3-5 um) is greater than 90%.

2.3. Wind Tunnel

The test was conducted in the 0.6 m x 0.6 m wind tunnel of the China Aerodynamics
Research and Development Center. The wind tunnel is an intermittent subsonic, transonic
and supersonic wind tunnel with a cross-section size of 0.6 m x 0.6 m. The test section is
1.775 m long. In the test, the side walls of the test section were solid, with an expansion
angle of 0.4°, and the top and bottom walls of the test section were slotted walls. The
slotting rate was 4.24%. Figure 5 shows the installation of the model in the wind tunnel.
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Figure 5. The model installed in the wind tunnel.

2.4. Work Frame

Figure 6 shows the work frame of the wind tunnel test. Before the test, the infrared
thermal imager was calibrated on-site with the low-temperature blackbody. Electrical
heating was carried out until the temperature of the model’s surface reached the preset
temperature. Then, starting the wind tunnel, with continuous heating or no heating,
infrared images were taken at a specified rate. After each run, the captured images were
analyzed with the processing software.

Test section

Temperature Copper tap
sensors electrodes

Infrared window
Carbon nanotube

Positive coating Negative

electrode electrode

‘ Coating heating model

v
Infrared imaging
system

” A 4
/Low temperature blackbody Image processing and
on-site calibration data analysis

Figure 6. Work frame of the test.

3. Preparation
3.1. Calibration of the Infrared Thermal Imager

Before the wind tunnel test, the infrared thermal imager was calibrated. The low-
temperature blackbody was placed at the center of the temperature measurement area. The
infrared thermal imager was focused on the blackbody. The temperature of the blackbody
was changed from —5 °C to 30 °C with an interval of 5 °C, and the temperatures detected
by the infrared thermal imager were recorded. The calibration process was conducted with
and without the Si glass (no window) separately. Results are presented in Figure 7. It is seen
that the Si glass has a very slight absorption of the infrared light. The least square method
was used to fit the temperature data recorded with the Si glass. A correction formula for
temperature was obtained. This formula was used in the wind tunnel test.
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Figure 7. Calibration curve of the infrared thermal imager.

3.2. Heating Uniformity

Another task that needed to be performed before the wind tunnel test was the analysis
of heating uniformity. The test model’s temperature was set as 30 °C. After the heating
power was stable, the temperature of the suction side of the model was measured by
infrared thermography, as well as by the six temperature sensors. Figure 8 shows the
temperature distributions along three chordwise lines, which are at the 45%, 52% and 58%
span sections. The temperature distribution along each line is relatively uniform with a
difference of less than 1 °C, except for the first 2% chord length (near the leading edge) and
the last 3% chord length (near the trailing edge). In general, the heating uniformity is very
good. It should be noted that the temperature along the line at the 45% span section is about
1 °C lower than the temperatures along the other two lines. Because only the measurement
of the No. 1 temperature sensor was used as the feedback in the temperature control
process, the temperatures along the three lines were all lower than the set temperature.

30 4

281

261

Effective heating region

241

T/°C

229

—— /b=52%]
161 —— y/b=45%)
y/b=58%

14 T T T T T T
0.0 0.2 0.4 0.6 0.8 1.0
x/c

Figure 8. The heating uniformity.

Table 1 lists the measurements of the six temperature sensors. The temperatures
along the same chordwise line have good uniformity. It is thought that the uniformity
has a relationship with the thickness of the heating coating. In the fabrication of the
heating coating, the carbon-nanotube coating as well as the insulation paint were sprayed
in chordwise direction. Therefore, the heating coating along one chordwise line has almost
the same thickness. It can be concluded that the thickness of carbon-nanotube coating
affects the heating uniformity. According to the voltage and the resistance of the heating
coating, the heating power per unit area was 450 W/m?. The temperature difference on the
whole wing surface did not exceed 3 °C.
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Table 1. Measurements of the six temperature sensors.
30% Span Section 70% Span Section
No. 1 2 3 4 5 6
T/°C 301£02 293£02 295+£02 280+£02 270£02 287+£02

d(pk)

4. Results and Discussion
4.1. Simulation Method

Numerical simulations were also conducted to study the transition characteristics of
the modified RAE5243 airfoil. Figure 9 shows the schematic of the calculation domain and
the boundary conditions. The airfoil is not drawn to scale in this figure. The surface of the
airfoil was set as no slip wall condition. Without heating, the wall was adiabatic, while
with heating, a specified heat flux was arranged on the wall. The y+ of the first layer of
the grid on the airfoil’s surface was slightly less than 1. The transition model of y-Reg SST
model was adopted to predict the transition of the boundary layer. The turbulence intensity
of the incoming flow was set to 1%, and the turbulence viscosity ratio was set to 15.

Pressure
far field

10c

Pressure 3 0 Pressure
e ol 10¢ e c N

'y outlet

10¢

Pressure

far field

Figure 9. The calculation domain and the boundary conditions.

The -Rey SST transition model is the SST turbulence model coupled with y-Rey
transition model [23]. The transport equations for the turbulent kinetic energy k, the turbu-
lent frequency w, the intermittency <, and the transition momentum thickness Reynolds
number Rey are listed as follows.
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Details of the transport equations are referred to in Refs. [23,24]. Steady simulations
were conducted, and a second-order upwind scheme for spatial discretization was uti-
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lized. The convective flux was evaluated by the Roe flux-difference splitting scheme. The
following expression was used for discrete flux at each face.

_1
2

Here 6Q is the spatial difference Qr-Qr. The fluxes Fr = F(Qr) and F;, = F(QL) are
computed using the solution vectors Qg and Qy, on the “right” and “left” side of the face.
The matrix | A| is defined by

F= 3 (Fe+ Fr) — 5 TIA16Q (5)

|A] = M|AIM™! 6)

where A is the diagonal matrix of eigenvalues and M is the modal matrix that diagonalizes
I'1A, where A is the inviscid flux Jacobian 9F /9Q.

Firstly, a validation simulation of the original RAE5243 airfoil was carried out. Figure 10
compares the distributions of static pressure over the RAE5243 airfoil obtained from the
paper [25] and from the present simulation. It can be seen that the two distributions of
static pressure agree well, which means that the present simulation is reliable.

1l

42+
qL e Experiment
08 | —Present simulation

06 |

Cp
s e
e
"\A_L_.w
o
o o
"
.

12

14 L x/c

Figure 10. Comparison of static pressure distributions over RAE5243 airfoil.

For the modified RAE5243 airfoil, the inflow conditions are listed in Table 2. They are
the same as those of the wind tunnel test. At Ma = 0.7, a grid independence verification was
carried out. The local grid around the airfoil is shown in Figure 11. The number of grids in
Block 1 presented in red color was changed from 328 x 131 to 727 x 131. The results of
the lift coefficient C;, the drag coefficient Cp, the relative transition location on the upside
x*up/c, and the relative transition location on the downside x*;,, /¢ are listed in Table 3.
It seems that the four results are converged after Grid-3, which has 660 x 131 grids. So
Grid-3 was used in this numerical study.

Table 2. The inflow conditions.

Ma 0.4 06 0.7 0.75 0.8 0.9
P /Pa 89,560 79,180 75,700 72,300 72,160 67,995
Te/K 291 280 273 270 266 258

Table 3. Results with different grids.

Block 1 Cr Cp x*yplc X* gownl€
Grid-1 328 x 131 0.338197 0.006702 0.614394 0.619396
Grid-2 494 x 131 0.316018 0.006556 0.630063 0.627264
Grid-3 660 x 131 0.302512 0.006454 0.627642 0.631153

Grid-4 727 x 131 0.299501 0.006433 0.629443 0.632857
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Figure 11. Schematic of the local grid around the airfoil.

The method of detecting the transition location has been determined. Both the turbu-
lent kinetic energy (TKE) and the temperature on the suction side of the airfoil are extracted
from the simulation results. For the TKE, the position where it increases sharply (with
the maximum gradient) is regarded as the transition location. For the temperature, there
are two situations. Without heating, the temperature of the airfoil surface is lower than
the recovery temperature of the incoming flow. The position where the temperature rises
rapidly (with the maximum gradient) is taken as the transition location. With heating, the
surface temperature is higher than the static temperature of the surrounding flow. The
position where the temperature decreases rapidly (with the minimum gradient) is taken as
the transition location.

The effect of heating was studied first. Without and with heating, the distributions of
static pressure, TKE and temperature on the suction side of the modified RAE5243 airfoil
are compared in Figure 12 under the conditions of Ma = 0.7 and a = 0°. The heat fluxes
of 245 W/m? and 450 W/m? were close to the heat fluxes in the wind tunnel test with
different set temperatures. It is seen that the heating has nearly no impact on the static
pressure distribution as well as the TKE distribution. The transition location detected by
the TKE gradient was almost the same as that detected by the temperature gradient. The
detected transition location did not change in general. Similar results were obtained at
other Mach numbers. The numerical results for the effects of AOA and Mach number will
be discussed and presented together with the test results in the next section.
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Figure 12. Cont.
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Figure 12. Comparison of the results without and with heating. (a) Static pressure; (b) TKE;

(c) temperature.

4.2. Results and Analysis

a. Impact of the heating power

The impact of the heating power on transition location was experimentally investigated.
Three tests with no heating (7 = 0 W/m?), the set temperature of 20 °C (g = 245 W/m?) and
the set temperature of 30 °C (g = 450 W/m?) were carried out separately. The infrared
images were taken after the flow field had been stable for 10 s. Figure 13 shows the
distributions of temperature of the three tests under the conditions of Ma = 0.75 and « = 0°.
The temperatures are extracted along the same chordwise line on the suction side of the
wing. It is found that the heating power has no impact on the transition location. This

conclusion is consistent with that derived from the numerical simulations.

254

——q=0 W/m’
—— =245 W/m®
—— =450 W/m®

204

7/°C

Figure 13. Effect of heating power on transition location.
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Figure 14 compares the distributions of temperature of the whole suction side with-
out and with heating. The top half of the wing was forced transition with cylindrical
elements [26], while the bottom half of the wing was natural transition. Without heating,
the natural transition location in the bottom half was hardly detected. The temperature of
the turbulent flow region that is just behind the transition strip in the top half is close to the
temperature of the laminar flow region that is at the same streamwise location in the bottom
half. However, with heating, the natural transition location in the bottom half is visible,
and the temperature difference between the turbulent flow region and the laminar flow
region at the same streamwise location is apparent. It proves that the technique combining
infrared thermography and carbon-nanotube coating is effective.

(b)

Figure 14. Comparison of distributions of temperature without and with heating. (a) Without heating;
(b) with heating.

b.  Effect of AOA

With the set temperature of 30 °C (g = 450 W/m?), the transition locations of the
boundary layer on the suction side were detected at different AOA. Figure 15 shows the
distributions of temperature on the suction side under the conditions of Ma = 0.75 and
a = —3°,0° and 3°. The transition locations detected by the temperature gradient are also
marked in the figure. Figure 16 compares the trends of transition location with the increase
in AOA obtained from the wind tunnel test and the numerical simulations. The two trends
are consistent. As the AOA increases, the transition location moves forward. When the
model is at negative AOA, the stagnation point moves to the suction side, which enhances
the downstream favorable pressure gradient. Therefore, the transition caused by adverse
pressure gradient is delayed, and the transition location moves downstream. When the
model is at positive AOA, the stagnation point moves to the pressure side. The airflow
around the leading edge of the wing expands rapidly, leading to the exacerbation of adverse
pressure gradient on the suction side. This makes the transition location move forward.
At high Mach numbers and positive AOA, a shock wave appears on the suction side (see
Figure 17). The shock wave induces separation of the boundary layer, thus promoting the
transition of the boundary layer. In that condition, the transition location is closely related
to the shock wave.
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Figure 15. Effect of AOA on transition location.
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Figure 17. Iso-line of Ma =1 at Ma = 0.7 and « = 3°.

c.  Effect of Mach number

Figure 18 shows the distributions of temperature on the suction side with different
Mach numbers at « = 0°. The transition locations detected by the temperature gradient
are also marked in the figure. It is seen that the trend of the transition location with Mach
number is not monotonic. As Mach number increases from 0.4 to 0.75, the transition
location moves forward from 55.7% to 50.3%. As Mach number increases from 0.75 to 0.9,
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the transition location moves backward from 50.3% to 57.7%. Figure 19 compares the trends
of the transition location with Mach number obtained from the wind tunnel test and the
numerical simulations. It seems that the two trends are consistent.

U1 XyesmS5T% Ma=0.4
25 - - Ma=0.6
‘ Ma=0.75
Xy =54.3% Moo
Kyreos=57.7% Ma=0.9
20 - Xyrl75=503%
Xyios=51.4%
g\) 15 7
=
10
5
0 1
-0.2 0.0 1.0 1.2

x/c

Figure 18. Effect of Mach number on transition location (« = 0°).

0.854 ™ Comp}ltation
—®— Experiment /.

0.70 /

2
% e /
=

0. 65 [ .

Ma

Figure 19. Comparison of the trends of transition location with Mach number (« = 0°).

Figure 20 shows that a shock wave appears on the suction side of the wing at Ma = 0.75,
while it does not appear at Ma = 0.7. The appearance of the shock wave changes the mech-
anism of transition. In the condition of Ma < 0.75, transition is closely related to adverse
pressure gradient. The adverse pressure gradient promotes the rapid growth of T-S insta-
bility in the boundary layer, thus inducing the transition. As the Mach number increases,
the lowest point of static pressure moves forward, exacerbating the downstream adverse
pressure gradient. Therefore, the transition location moves forward. In the condition of
Ma > 0.75, a shock wave appears and induces separation of the boundary layer. The
K-H instability in the shear layer of the separation promotes the transition. Therefore, the
transition location is closely related to the shock wave’s position. With the increase in
Mach number, the shock wave’s position moves backward (see Figure 21). As a result, the
transition location moves backward.



Energies 2024, 17, 1489

14 of 16

‘ / Shock wave

(a) (b)
Figure 20. Iso-line of Ma = 1 at different Mach numbers and & = 0°. (a) Ma = 0.7; (b) Ma = 0.75.

Figure 21. Shock wave’s positions at different Mach numbers and o = 0° (static pressure lines: black,
Ma = 0.75; blue, Ma = 0.8; pink, Ma = 0.9).

5. Conclusions

The transition characteristics of a modified RAE5243 airfoil were investigated by a
wind tunnel test and numerical simulations. A technique combining infrared thermography
and carbon-nanotube coating was utilized to detect the transition location. With this
technique, the accuracy of transition location was improved significantly.

Firstly, the heating uniformity of the carbon-nanotube coating was checked. It was
found that the heating uniformity was affected by the thickness of the carbon-nanotube
coating. The test as well as the simulations validated that heating power had no impact on
the transition location.

The effects of AOA and Mach number on the transition location were studied. As the
AOA increases, the transition location on the suction side of the modified RAE5243 airfoil
moves forward. With an increase in Mach number, the transition location moves forward
first and then backward. It reaches its most forward point at Ma = 0.75. This change is
attributed to the appearance of a shock wave. In the range of Ma = 0.75~0.90, the shock
wave appears on the suction side, and the transition location is closely related to the shock
wave’s position rather than the adverse pressure gradient.
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