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Abstract: In this paper, aimed at the problem of large temperature gradient thermal testing with the
typical sharp wedge leading edge structure of a hypersonic vehicle, a subsonic high-temperature
combustion gas heating (SHCH) test device is used to conduct a series of experiments on the heat
flux simulation ability of subsonic high-temperature combustion gas in the stagnation point region.
Firstly, for a hypersonic vehicle with a flying height of 24 km and Mach number range of 4~6.5, the
stagnation point heat flux in the head area is obtained by numerical calculation of a typical leading
edge structure, which is used as the experimental target of the thermal structure test. Secondly, an
experimental specimen with a Gardon heat flux meter is designed with the same shape and size as the
specimen in the numerical simulations to prepare for the subsequent SHCH test. Thirdly, a method
to determine the combustion gas temperature based on a Kriging surrogate model is proposed. CFD
numerical simulation is conducted using the SHCH test model, and the numerical calculation results
are used as the training dataset. The Kriging surrogate model is used to establish an approximate
fitting relationship between the stagnation point heat flux and experimental parameters under SHCH
conditions. The corresponding combustion gas temperature values are found, respectively, with the
hypersonic aerodynamic heat flux at Mach 5.0~5.4 as the target value. Finally, stagnation point heat
flux testing of low-speed and high-temperature combustion gas is performed at different combustion
gas temperatures. The experimental and target values obtained from hypersonic aerodynamic thermal
simulations are compared and analyzed to verify the heating capacity of SHCH and the feasibility of
hypersonic aerothermal simulation testing.

Keywords: hypersonic vehicle; sharp wedge; stagnation-point; large heat flux; CFD numerical
simulation; ground experimental method

1. Introduction

To reduce aerodynamic drag, the sharp wedge structure composed of a small head
radius cylinder and flat rear area is widely used in the nose cone, wing, and inlet leading
edge of hypersonic vehicles [1-9]. Under hypersonic flight conditions, a large temperature
gradient is formed along the direction of the airflow, and a large thermal stress is generated
in the high-temperature area of the front end of the sharp wedge structure, which makes
the front end of the wedge structure face a serious problem of excessive stress, and full-
scale thermal testing of the structure is needed [10-18]. However, the traditional quartz
lamp and graphite heating equipment are limited by their heating materials, and there are
shortcomings in simulating temperature or continuous working time [19-24]. In addition,
the operating cost of arc wind tunnels is very high, so gas flow wind tunnel testing is a
good choice for conducting thermal tests [25-29].

The idea of a subsonic high-temperature combustion gas heating (SHCH) method is
proposed in references [30-32], that is, the hypersonic gas velocity decreases and the tem-
perature increases after passing through the shock wave, so the subsonic high temperature
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combustion gas in the boundary layer can be used to simulate aerodynamic heat. At the
same time, low-speed and high-temperature combustion gas has the characteristics of high
power, long working time, good transient adjustment characteristics, and is economical,
which can provide an effective solution for the thermal testing of large-size components in
hypersonic vehicles.

On this basis, a new thermal test method is put forward for a combined heating
method of high- and medium-temperature double subsonic airflow, which consists of a
central subsonic high-temperature airflow passing through a small nozzle with the same
diameter as the tip of the wedge surrounded by a medium-temperature airflow on both
sides [30].

Numerical simulations show that the dual air channels affect the heat flux of the head
cylinder region and rear plate region, respectively, which means that the head cylinder
region is heated by the central high-temperature airflow and the plate region is heated by
the medium-temperature airflow surrounded on both sides. They have little interference
with each other. Thus, this new combined heating method can meet the requirements of
large temperature gradient simulation of a wedge structure by adjusting the temperature
of the dual airflow, respectively.

Considering that there are currently no conditions for dual-channel thermal simulation
experiments, it is only verified through experiments in this paper that the central subsonic
high-temperature airflow can satisfy the heat flux at the stagnation point head of the sharp
wedge under hypersonic conditions. In this paper, the feasibility of the SHCH method is
studied through the following four steps. In addition, it should be noted that the main
purpose of this paper is to use high-temperature and low-speed gas flow to simulate
hypersonic aerodynamic heat, that is, the heat flux of the sharp wedge head is the most
important index. Therefore, in the numerical simulations in this paper, whether hypersonic
or ground test CFD numerical simulation, the stagnation point heat flux of the sharp wedge
head is the focus of attention, while the velocity gradient in the boundary layer, pressure,
enthalpy, and other parameters are not recorded and discussed. During the actual test, the
Mach number could only reach 5.4, so too many complex chemical effects are not taken
into account.

Firstly, for a hypersonic vehicle with a flying height of 24 km and Mach number range
of 4~6.5, the stagnation point heat flux in the head area is obtained by numerical calculation
of the typical leading edge structure, which is used as the experimental target of thermal
structure testing.

Secondly, a SHCH experimental device is designed that can realize the continuous
and rapid adjustment of the combustion gas temperature in a wide range of 800 K to 2100
K through two-stage combustion and two-stage atomization. The experimental specimen
with a Gardon heat flux meter is designed with the same shape and size as the specimen in
the numerical simulations.

Thirdly, the Kriging surrogate model of the combustion gas heat flux obtained though
CFD numerical simulation is adopted to determine the combustion gas temperature and
mass flow under the SHCH experiment, with the aerodynamic heat flux taken as the
objective heat flux.

Finally, the test is performed at different combustion gas temperatures. Through the
stagnation point heat flux testing of low-speed and high-temperature combustion gas, the
experimental values and stagnation point heat flux values obtained from the hypersonic
aerodynamic thermal simulations are compared and analyzed to verify the heating capacity
of SHCH and the feasibility of hypersonic aerothermal simulation testing.

2. CFD Numerical Simulation of the Sharp Wedge under Hypersonic Aerodynamic
Heating

2.1. Computational Domain and Boundary Conditions

For the CFD numerical simulation of a sharp wedge under aerodynamic heating, the
typical sharp wedge structure with a cylindrical head used by the American X-43 vehicle
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is taken as the test target. The curvature radius of the stagnation point of the head and
the angle of the triangular prism are 3 mm and 12°, respectively, and the length along
the airflow direction is 139 mm. The half-symmetrical computational domain is shown in
Figure 1, in which the green area is the airflow area, that is, the aerodynamic heating area.
Figure 1a—c shows the test specimen, boundary conditions, and computational domain,
respectively. The dimensions of the geometric model of the sharp wedge and the calculation
domain are shown in Figures 2 and 3, respectively.

Airflow area

Symmetry

Sharp wedge

(a) (b) (c)

Figure 1. The half-symmetrical computational domain: (a) test specimen; (b) boundary conditions;
(c) computational domain.
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Figure 2. Dimensions of the geometric model of the sharp wedge specimen (unit is mm): (a) model
diagram of sharp wedge; (b) physical map of sharp wedge.

First, the cold wall heat flux of the sharp wedge flying at different Mach numbers from
4 to 6.5, respectively, is calculated with a wall temperature of 300 K. The inlet boundary of
the calculation model is set as the velocity inlet of different Mach numbers with a pressure
of 2931 Pa and temperature of 220.65 K, according to the atmospheric parameters at a
height of 24 km. The outlet boundary is set as the pressure outlet.
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Figure 3. Dimensions of the geometric model of the computational domain (unit is mm).

In order to improve the accuracy of the numerical calculation, the variation in physical
parameters with temperature must be considered. The specific heat capacity Cp, thermal
conductivity A, and dynamic viscosity p are calculated through a fitting function of tem-
perature from 373 K to 3273 K, as shown in Formulas (1), (2), and (3), respectively. For
Formulas (1)—(3), the physical parameters of air are selected from the study by Tao et al. [33].

Cp =1161.482 — 2.369 x T 4 0.015 x T2373K < T < 1273K

1
Cp = —7069.814 + 33.706 x T — 0.058 x T> 1273K < T < 3273K M
A =0.002+8255x107° x T 2)
3
_ T 2 27315+ Ts
=t X (57375) ¥ (Tppgg ) ®)

where T is the temperature, 1 is the dynamic viscosity at one-atmosphere pressure and
temperature of 273.15 K, and Tg is the Sutherland constant.

2.2. Governing Equations and Numerical Methods

Taking the calculation model under aerodynamic heating as an example, the mass,
momentum, and energy conservation equations are shown as follows:

dp ) —
a_t+v-(pu)_0 4)
0 pa N
<at > V. (puu) =VP+V-(1) ®)
9(pT) ) - A
A0 v (pTu> ~v. (C—pvr> ©)

where p is the density, t is the time, ﬁ is the velocity in the x, y, and z directions, P is the
pressure, and 7 is the shear stress.

It is necessary to know the velocity field in order to solve the temperature field in
Equation (6), which relies on first solving Equations (4) and (5). In this paper, ICEM
commercial software is used to generate the mesh, and Equations (4)—(6) are solved using
Fluent 2021 R2 commercial software. The mass, momentum, and energy conservation
equations are discretized using the second-order upwind scheme. The iterative process is
ended when the residuals of Equations (4)—(6) are less than 1.0 x 1078,
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2.3. Grid Independence Verification

When the Mach number is 5, the variation in stagnation point heat flux with the
number of grids is shown in Figure 4, and the grid heights of the first layer corresponding
to different grid numbers are shown in Table 1. It can be seen that when the number of
grids is above 5.69 million, the stagnation point heat flux will no longer change with an
increase in the number of grids. In the numerical calculation of hypersonic aerodynamic
heat, the height of the first-layer grid near the wall is very high. Bibhab et al. [33] per-
formed simulation calculations on the aerodynamic heat of the stagnation point and the
requirements of the first grid, finding that the height of the first grid greatly influenced the
calculation results of heat flux, especially the stagnation point heat flux.

2.25
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Figure 4. The variation in stagnation point heat flux with the number of grids.

Table 1. Mesh parameters.

Grid Number (Million) Grid Height of the First Layer (mm)
2.456 0.05
3.573 0.02
4.619 0.01
5.690 0.007
5.990 0.005
6.212 0.002
6.623 0.001

Here, it is necessary to mention the dimensionless parameter y+, the definition of
which is shown in Formula (1). The y+ value is considered to be the focus of attention
because different first-level grid heights will have different y+ values. Figure 5 shows the y+
values of the specimen surface with three different grid numbers along the airflow direction.
It can be seen from the figure that when the grid number is greater than 5.69 million, the
y+ value is basically less than 1. Wang et al. [34] used Fluent 2021 R2 commercial software
to perform hypersonic aerothermal calculations using a pressure-based solver and SST
turbulence model, pointing out that the accuracy requirements of aerothermal calculations
could be met when the value of y+ was kept less than 1. In this paper, the same method is
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used to perform the calculations and the results are reliable. Therefore, the set with 6.212
million grids is finally selected for the CFD numerical simulation.

4 _ U xy
v = )

where u* is the friction velocity near the wall, the distance between the first grid node and
the wall, and v is the kinematic viscosity of the fluid.

T
of 3
g
Sroin —=— 3.573 million grid
- —a— 5.690 million grid
£ 4 +' —+— 6.212 million grid
I [ ]
3F |
| |
2 -
1 -
0
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Figure 5. The y+ value of the specimen surface with different grid numbers along the airflow

direction.

2.4. Stagnation Point Heat Flux Simulation Target

The aerodynamic heat of a hypersonic vehicle with a sharp wedge leading edge
structure at an altitude of 24 km and Mach number in the range of 4~6.5 Ma is numerically
simulated. Figure 6 shows the static pressure and temperature distribution of hypersonic
airflow around the tip wedge structure at a Mach number of 5, and Figure 7 shows the
hypersonic aerodynamic heating flux density distribution at different Mach numbers with
an isothermal wall condition of 300 K. The stagnation point heat flux is shown in Table 2.

contour-1 contour-1
Static Temperature Stadc Pressure
1.2410 1.00x10°
1.14x10 9.05x10*
1.04«10 8.05x 10"
I 9.35«10 { 7.04x10"
8.33«10 50410°
P10 5.04«10°
&
g3810 404410°
5.27x10
3.04«10°
4.25«10
s 204x10*
3.23x10 .
221410 1.03«10
330«10
(pascal )

Figure 6. Static pressure and temperature distribution of hypersonic airflow around the tip wedge
structure at Mach 5.
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Figure 7. Hypersonic aerodynamic heating flux density distribution at different Mach numbers with
an isothermal wall condition of 300 K.

Table 2. The stagnation point heat flux.

Mach Number Stagnation Point Heat Flux (MW/m?)
6.5 5.54
6 4.02
5.5 2.86
5 1.98
45 1.35
4 0.88

It can be seen from the above results that the higher the Mach number, the higher the
heat flux in the stagnation point region of the head, with little difference in the rear plate
region. The heat flux of the head cylinder decreases rapidly with increasing distance from
the stagnation point, and the higher the Mach number, the greater the change rate.

3. Experimental Device and Method
3.1. Experimental Device

Figure 8 shows a flow chart of the subsonic high-temperature combustion gas heating
(SHCH) test device described in reference [35], which is composed of a combustion gas
generator (including an air equalizing chamber, primary combustor, and secondary com-
bustor/mixer), measurement and control system, gas supply system, oil supply system,
and cooling system.

Its working principle is that aviation kerosene and air are used as the fuel and oxidant,
respectively. After combustion, high-temperature combustion gas is generated, and a
uniform and stable temperature field is formed in the test section of the hot wind tunnel.
The gas supply system is divided into the following three branches, namely the atomization
branch, the primary combustion branch, and the secondary combustion/mixing branch. At
the same time, cooling water is used to cool the combustor, so that the device is operated
within a safe range.
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External Temperature:
. 300K P T Secondary Combustion/Mixing Branch
Ambient Pressure: [
101,325 Pa | {0} phe {c0}
P Primary Combustion Branch Outlet
Air Inlet | S
Atomization | Branch P | Igniter T T
e
P P Kerosene Branch
Gas
1 Flow

Cooling Water Branch
Inlet okt

Combustion-Gas Generator

Figure 8. The combustion gas wind tunnel device. 1. Air equalizing chamber; 2. Primary combustor;
3. Secondary combustor/mixer; 4. Nitrogen cylinder; 5. Pressure-reducing valve; 6. Manual valve;
7. Oil tank; 8. Filter; 9. Flow meter; 10. Proportional valve; 11. Solenoid valve.

Figure 9 shows the combustion gas generator and measurement and control system
of the test system. It can be seen also from reference [35] that the test system can achieve

continuous, stable, and ultra-wide linear adjustment of the combustion gas temperature
from 1050 K to 2100 K, as shown in Figure 10.

2000

£ 1500
e
2
«
5
(=¥
£ 1000
o
—a—1200K
—e— 1800 K
500 ——2100K
1 1 1
0 5 10 15 20

Time (s)

Figure 10. Fluctuation of outlet temperature at 1200 K, 1800 K, and 2100 K.



Aerospace 2023, 10, 871

9 of 24

3.2. Experimental Specimen with Gardon Heat Flux Meter

Considering the convective heating condition, the heat flux in the stagnation point is
closely related to the size of the geometrical structure of the specimen head. The experimen-
tal specimen and Gardon heat flux meter are shown in Figure 11, respectively, which are
both made of copper. The shape and dimensions of the specimen shown in Section 2 “CFD
numerical simulation of the sharp wedge under hypersonic aerodynamic heating” are the
same as the sharp wedge described in Figure 2. The Gardon heat flux meter is constructed
in a shape similar as that of the test specimen and finally installed in the middle of the head
of the specimen. As shown in Figure 11a, the size ratio between the specimen in physical
form and the specimen in the simulation calculation is 1:1, and the gap in the middle is
used for the installation of the Gardon heat flux meter.

Figure 11. The test specimen and Gardon heat flux meter: (a) test specimen; (b) Gardon heat flux
meter; (c) combined component.

The design range of the water-cooled Gardon heat flux meter is 4000 kW/m?, and
the three-dimensional structure design is shown in Figure 12. The induction surface of
the round copper foil plate at the stagnation point is 2.7 mm in diameter and 0.24 mm in
thickness. The surface is sprayed with black matte paint with an absorptance of about 0.95
and is consistent with the arc of the pointed wedge head. The water cooling channel uses
side openings to cool the whole copper specimen, which enhances the high temperature
resistance of the Gardon heat flux meter. The two ends of the water cooling channel are
threaded to connect the cooling water pipe.

The structural profile near the copper foil induction surface of the Gardon heat flux
meter is shown in Figure 13. The copper wire is welded in the center of the copper foil,
and then the copper foil is welded on the copper heat sink. To simultaneously monitor
the Gardon heat flux meter surface temperature, a B-type thermocouple is welded at the
junction (inside side) of the copper foil and copper sink. A cylindrical hole is opened in the
center of the circular foil along the axial direction to lead out the sensor signal line, and the
other end is packaged with a specific structure and converted into a standard signal line
connector.
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(b)

(c)

(d)

Figure 12. The three-dimensional structure design of water-cooled Gardon heat flux meter (unit is
mm): (a) top view; (b) side view; (c) front view; (d) three-dimensional map.

A-A

I
N 2.7
!
K type thermocouple l L ! Constantan foil
501
AN

..... 1 Copper wire
O{ % / 2; Heat sink

SN AN

Figure 13. Gardon heat flux meter’s copper foil induction surface structure profile (unit is mm).

The calibration device of the black-body furnace is used to calibrate the newly devel-
oped water-cooled Gardon heat flux meter with the standard Gardon heat flux meter, and
the calibration system is shown in Figure 14. The standard Gardon heat flux meter (model
no. 64-200-20) was manufactured by Medtherm Corp. (USA). The physical diagram of the
sensor is shown in Figure 15. The measured values of the standard heat flux meter and
output voltage values of the newly developed heat flux meter under the working condition
of 2000 kW /m? are shown in Figure 16. The average coefficient of the water-cooled Gardon
heat flux meter was determined to be 0.00305 mV /(kW /m?), the maximum linear output
range was 4000 kW/m?, and the measuring accuracy was + 3%.
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test.

(a) (b)

Figure 15. The standard Gardon heat flux meter: (a) standard Gardon heat flux meter; (b) inductive

surface.
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Figure 16. Value of standard heat flux meter and output voltage value of calibrated heat flux meter.

3.3. Experimental Specimen Installation

To avoid heating the heat flux meter and test piece in the process of gas flow tempera-
ture regulation, an electric slide rail is set in the vertical flow direction. The water-cooled
Gardon heat flux meter, test piece, and gas flow temperature thermocouple are fixed at both



Aerospace 2023, 10, 871

12 of 24

ends of the slide rail bracket, which is 200 mm away from the burner. Thus, in the process of
gas temperature regulation, the thermocouple can be moved to the central position through
the measurement and control system, and the heat flux meter specimen can be moved
outside the heating range of the gas flow. When the temperature of the gas flow is stable,
the heat flux meter specimen is moved to the center of the gas flow and the thermocouple
is moved out of the heating range of the gas flow. The installation positions of the heat flux
meter, test piece, and temperature thermocouple are shown in Figure 17, respectively.

B4
)

Figure 17. The installation positions of the heat flux meter, test piece, and temperature thermocouple.

3.4. Uncertainties of Experimental Parameters

The uncertainties of the experimental parameters were analyzed, and the specific
data is shown in Table 3. Temperature sensors are arranged at the exit of the combustor
to measure the combustion gas temperature, flow meters are used to measure the mass
flow of air and aviation kerosene, and the Gardon heat flux meter is used to measure the
stagnation point heat flux.

Table 3. Uncertainties of experimental parameters.

Sensor Number Accuracy Full Scale Model
Temperature 1 +1K 2100 K B type
Flow meter 2 £0.2% of full scale 180 g/s Shouke
Gardon heat flux meter 1 +3% of full scale 3 MW/m? GD-4000
Recirculating cooler 1 +0.2% of full scale 313K FLW2503
Data acquisition instrument 1 +0.2% of full scale HP34972A
Flattening oven 1 3% HFC-3000

3.5. Experimental Method

To avoid fluctuations in combustion characteristics caused by changes in gas mass flow
rate, a method of fixing the gas mass flow rate and adjusting the gas flow temperature is
adopted to achieve different heating capabilities. Therefore, based on the maximum stable
combustion flow rate of the SHCH test equipment, the air mass flow rate is set to 150 g/s
when the parameters are determined by Kriging surrogate model in this paper. Then, by
adjusting the fuel mass flow rate and changing the fuel gas ratio during the combustion
process, the combustion gas temperature from 1200 K to 1800 K is generated to meet the
demand for heat flux density.

The specific test process is as follows:

(®»  Fixt the specimen with the water-cooled Gardon heat flux meter and temperature
thermocouple on the slide rail support, respectively, with the height of adjustment
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consistent with the center position of the nozzle, as close as possible to the section of
the nozzle;

@  Start the chiller, with the water supply temperature of the cooling water at 4 °C. Start
the measurement and control system, and set the sampling frequency of heat flow to
0.2 s/time;

® Debug the electric slide rail, first move the heat flux meter to the center of the airflow as
the initial position, and then enter the command +200 mm to move the thermocouple
to the center of the airflow;

®» Open the high pressure air supply system, and adjust the air quality flow rate at

150 g/s;

Start the combustion gas generator, keep the ignition state, and burn steadily for 60 s;

Set the gas flow temperature control target, turn on the measurement and control

system to automatically adjust the oil supply flow, and burn steadily for more than

30 s after reaching the control target;

@ Input the sliding rail movement instruction so that the heat flux meter quickly reaches
the experimental median. After 30 s, input the sliding rail movement instruction again,
so that the heat flux meter moves back to the initial position and the thermocouple
reaches the airflow center.

Repeat steps 5 and 6 to complete a variety of gas flow temperature condition tests.

(®  Adjust the fuel flow to the ignition state, and when combustion is stable for over 60 s,
close the oil supply valve so that the burner is extinguished, and stop data collection.

@@

4. Construction of the Kriging Surrogate Model
4.1. Method Overview

The heat flux density at the stagnation point of a sharp wedge is related to experimental
parameters, including the gas flow temperature and flow rate, under SHCH conditions.
Whether the experimental heat flux is equivalent to the hypersonic aerodynamic heat
(target heat flux) depends on the accuracy of the selected experimental parameters. To
quickly and accurately determine the experimental parameters, it is necessary to establish
the relationship between the experimental heat flux and experimental parameters.

In the absence of appropriate empirical formulas for the surface heat transfer coeffi-
cient, a Kriging surrogate model is constructed, which has lower computational cost while
yielding results close to the numerical analysis results. The aim of the Kriging surrogate
model is to build the relationship between the heat flux with various experimental pa-
rameters and identify suitable experimental parameters that correspond to the target heat
flux.

The steps to determine the gas parameters based on the Kriging surrogate model are
as follows:

(1) Use the Latin hypercube sampling method to obtain sample points in the design
space.

(2) Under SHCH conditions, use the CFD numerical simulation to obtain the stagnation
point heat flux density of the sharp wedge.

(3) Use the Kriging surrogate model to construct an approximate fitting relationship be-
tween the design sample points and stagnation point heat flux. Analyze the accuracy
of the constructed surrogate model, and if the accuracy is not satisfactory, reconstruct
the model by increasing the number of sample points until the accuracy meets the
requirements.

(4) Take the specified hypersonic aerodynamic heat flux as the target value and solve for
the corresponding experimental parameters.
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Sharp wedge

4.2. Obtaining Sample Points in the Design Space

The Latin hypercube design method is a stratified sampling approach that has the
characteristics of spatial uniformity and good coverage [36]. The method of generating the
Latin hypercube experimental design points is as follows:

(i) (i)
(i) _ T T Up

R ®)

where I represents the i experiment, p represents the p design variable, n is the number

of sample points, 7 denotes the independent random permutation, and U represents a
random number in the range [0, 1].

The temperature range of the high-temperature gas flow is from 900 K to 2200 K, and

the mass flow rate range is from 50 to 250 g/s. The Latin hypercube design method is used

to generate 32 sample points, as shown in Figure 18.
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Figure 18. Distribution of sample points in the surrogate model.

4.3. Generation of Stagnation Point Heat Flux by CFD Numerical Simulation

The CFD numerical simulation is applied to generate the stagnation point heat flux
with the required variable space. For the CFD numerical simulation under combustion gas
heating, the shape and size of the sharp wedge are unchanged, and the distance between
the nozzle and sharp wedge and the radius of the nozzle in the calculation model are 100
and 28 mm, respectively, according to the experimental device. In the simulation process,
the outer surface of the specimen is set to 300 K, and the final stagnation point heat flux
is the 300 K cold wall heat flux. A quarter of the calculation model is shown in Figure 19,
wherein the interior of the red area is the combustion gas heating area.

!

Symmetry f \'\“’Lfl._,_,
Sharp wedge

(b)

Figure 19. A quarter of the computational domain: (a) test specimen; (b) geometric diagram; (c) grid

diagram.
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Aviation kerosene is composed of hydrocarbon compounds of different fractions,
with a molecular carbon-hydrogen ratio of 1:1.9184 and oil-gas ratio of 1:20. In the
complete combustion state, the mass ratio of each component of combustion gas is shown
in Table 4. In order to improve the accuracy of the numerical calculation, the variation
in physical parameters with temperature must be considered. In addition, there is an
issue that must be addressed. In the ground gas test and CFD numerical simulation,
the composition of the gas produced by the mixture of kerosene and air combustion is
completely different from that produced by the hypersonic vehicle flying in the air, but this
issue is not considered and explored in detail in this article. The reason is mainly related to
the main content of this paper, which mainly uses high-temperature and low-speed gas
flow to simulate the aerodynamic heat of the sharp wedge head. Therefore, the heat flux
density is an important index to be considered whether in a SHCH ground test, SHCH
CFD numerical simulation, or hypersonic CFD numerical simulation. The specific heat
capacity Cp, thermal conductivity A, and dynamic viscosity p, are calculated by fitting the
function of temperature from 273 K to 2100 K, as shown in Formulas (9), (10), (11), and (12),
respectively. Formulas (9)-(12) represent physical property parameters of the combustion
gas, which are obtained by fitting the data in reference [37].

Cp =25768 x 1078 x T> —9.1631 x 1077 x T> +3.2362 x 107! x T+947.34  (9)

A=8613x1075x T—83514x 10~* (10)
w=—7.9037100"12) x T2 + 4.4362 x 1078 x T +4.9955 x 10° (11)
P =658x10"xT*-354x1077 x T> +7.04 x 107° x T2 — 6.34 x 1072 x T4 2.54 (12)

Table 4. Mass proportion table of combustion gas components.

Component CO, H,O O, N»

Mass proportion

(%) 14.8 729 6.7 5.6

For the simulation of subsonic combustion gas flow heating, a pressure-based so-
lution method can be adopted, and numerical solutions can be achieved through the
pressure/velocity correction relationship. The turbulence model selects realizable k-¢, and
enhanced wall treatment is selected as the wall function, keeping y+ around 1.

From Figure 20a, it can be seen that the heat flux results for 1.8 million grids are
significantly different from those for 3.2 million and 4.4 million grids. When the number of
grids increases to 3.2 million, an independent solution has been obtained, and increasing the
number of grids has no significant impact on the calculation accuracy. Therefore, 3.2 million
grids is selected for subsequent calculations. The y+ values along the surface of 3.2 million
grids are all less than 1, as shown in Figure 20b, which meets the calculation requirements.
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Figure 20. Verification of grid independence: (a) stagnation point heat flux with different grid
numbers; (b) the y+ value along the upwind curve of the specimen with 3.2 million grids.

4.4. Kriging Surrogate Model of Combustion Gas Heating Flux

The Kriging surrogate model is a method of linear optimization and unbiased interpo-
lation of data samples. The Kriging surrogate model was chosen for three reasons. Firstly,
the applicability of the Kriging surrogate model is extensive, which is suitable for linear
and nonlinear mathematical models. The second reason is that the question in this paper is
relatively simple, and the Kriging surrogate model can be applied to this question. Thirdly,
in our research group, this model is widely used and has high accuracy. It can be expressed
as [38]:

£(X) = g(X) +2(X) (13)

where g(X) is the global approximation of X, and z(X) is a stochastic function that satisfies
zero mean with o2 standard deviation and nonzero covariance.
The covariance matrix of z(X) is expressed as:

Cov(z(X;),z(X;)] = *R[R(X;, X;)] (14)

where R is the correlation coefficient matrix, R is the correlation function,I=1, 2,...,n, and
j=1,2,...,n, where n is the sample number.

Under the condition of a constant wall temperature at 300 K, the typical stagnation
point cold wall heat flux density of the sharp wedge structure is obtained through CFD
numerical simulation for the sample points. Using the Gaussian correlation function, the
Kriging surrogate model is established for the cold wall heat flux density in the stagnation
point of the sharp wedge structure within the design space.

4.5. Uncertainty Analysis

Figure 21 presents the predicted results of the surrogate model within the design
space and a comparison between the predicted values for four randomly selected test
sample conditions and the results obtained from the CFD numerical simulation. In order to
clarify the comparison, Table 5 also compares the predicted and calculated values. From
the chart, it can be observed that the predicted values for the four test sample conditions
closely match the results obtained from the CFD simulation, indicating that the constructed
surrogate model exhibits a high level of predictive accuracy.
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Figure 21. Prediction results of gas heating cold wall heat flux via the surrogate model.
Table 5. Comparison between predicted and calculated values.
Combustion Predicted Heat
Combustion Flux of Calculated Heat
Test Gas
Condition Temperature Gas Mass Flow Surrogate Flux Value of
lzK) (g/s) Model CFD (MW/m?)
(MW/m?)
1 930 200 0.7589 0.756
2 2064 70.6 1.8866 1.88
3 1328 110 1.0874 1.09
4 1821 210 2.6825 2.68

To quantitatively evaluate the accuracy of the surrogate model, the average relative
error is defined.
1 M

¢ b JroM ~ 4crD
P™ M

(15)
qcrp

m=1
where gcpp is the stagnation point heat flux obtained from the CFD simulation, growm is the
predicted value from the surrogate model, and m =1, 2,..., M, where M is the number of
test samples.

The average relative error of the stagnation point heat flux for the four test samples is
0.27%, indicating a high level of accuracy. Therefore, there is no need to further increase
the number of sample points.

5. Experimental Results and Discussion
5.1. Combustion Gas Temperature Determination Based on Kriging Surrogate Model

To avoid fluctuations in combustion characteristics caused by changes in combustion
gas mass flow rate, this paper employed a method of fixing the combustion gas mass flow
rate and adjusting the combustion gas flow temperature to achieve an aerodynamic ther-
mally equivalent simulation. Consistent with the experimental conditions, the combustion
gas mass flow rate was kept constant at 150 g/s.

Under aerodynamic heating conditions, at Mach numbers of 5.0, 5.1, 5.2, 5.3, and
5.4, the stagnation point cold wall heat flux values were obtained through numerical
calculations. Using the cold wall heat flux as the target heat flux, the combustion gas
temperature required for each condition was obtained based on the Kriging surrogate
model under combustion gas heating conditions, as shown in Table 6.
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Table 6. The target stagnation point heat flux and optimal SHCH test conditions.

Target Stagnation Point Heat Flux Optimal SHCH Test Conditions Based on Kriging

No. Surrogate Model
Mach Number  Cold Wall Heat  Gombustion Gas - Combustion G35 . Nurber
Flux (MW/m?) & P

1 5.0 1.96 150 1697 0.36
2 5.1 211 150 1764 0.37
3 52 2.29 150 1844 0.38
4 53 2.47 150 1923 0.39
5 5.4 2.66 150 2008 0.40

The Mach number of the combustion gas flow was calculated by the combustion gas
mass flow rate of 150 g/s, according to the calculation formula shown in Equation (16):

Ma=—" (16)

PAVIRT
where m is the combustion gas mass flow rate (m = 150 g/s), p is the combustion gas density. (At
five different combustion gas temperatures, the density is fitted according to Equation (11).), A is
the cross-section area of the nozzle (A = 3.14 x 0.028 x 0.028 = 0.00246 m?), -y is the combustion
gas specific heat (y = 1.33), R, is the gas constant (R = 287 J/(kg-K)), and T is the combustion
gas temperature (T = 1697 K, 1764 K, 1844 K, 1923 K, and 2008 K).

To validate the accuracy of the obtained combustion gas flow temperatures based on
Kriging surrogate model, CFD numerical simulation was conducted using the combustion
gas flow temperatures as boundary conditions to obtain the stagnation point heat flux un-
der SHCH conditions. The results were compared with the aerodynamic heating stagnation
point heat flux (target heat flux), as shown in Figure 22. From Figure 22, it can be observed
that the stagnation point heat flux obtained from the two heating methods was nearly
identical and the maximum relative error was 1%, indicating that the surrogate model ac-
curately provided the required gas flow temperatures for aerodynamic thermal simulation
testing. This also demonstrated that the SHCH simulation could effectively simulate the
aerodynamic heated environment of hypersonic vehicles and meet the requirements for
simulating the stagnation point heat flux of vehicles under hypersonic conditions.
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Figure 22. Comparison of simulated values under aerodynamic heating and SHCH.

5.2. Experimental Results

During the test, the combustion gas temperature and value of heat flux at the stagna-
tion point under stable combustion conditions were collected, as shown in Figure 23. As
mentioned earlier, the two parameters were measured alternately, which meant that the
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heat flux density and gas flow temperature sensors took turns entering the heating area
and were controlled by sliding rails to avoid burning out.

3000 —=— Stagnation-point heat flux
| |—+— Combustion-gas temperature
<2000

2000 -
£ <
< =
< t =
000 $ - 1000

: ‘

0F ‘— ‘
1 1 1 1 1 1 1 O

0 100 200 300 400 500 600 700
t(s)

Figure 23. Combustion gas temperature and stagnation point heat flux.

During the experiment, the surface temperature of the Gardon heat flux meter installed
at the head of the specimen continuously increased due to gas heating. The measured
data of the heat flux meter corresponded to the convective heat transfer intensity between
the given gas flow and its high-temperature wall. The cold wall heat flux of 300 K was
observed by conversion based on an equal convective heat transfer coefficient, as shown
below:

T, — 300) (17)

4300 = Juw <Tr—Tw
where g3 is the cold wall heat flux with a wall temperature of 300 K, T; is the combustion
gas flow temperature, T, is the hot wall temperature, and g, is the hot wall heat flux.

When processing the experimental results, the 300 K cold wall heat flux values of five
working conditions were calculated, and the calculation results are shown in Table 7.

Table 7. Calculation conditions of cold wall heat flux.

Test Conditions Gardon Heat Flux Meter Cold Wall Heat
No. Gas Stagnation Point Flux of 300 K
Ma Temperature Temperature (K) Heat Flux (MW/m?)
(K) (MW/m?)
1 0.35 1648 366 2.14 2.255
2 0.36 1722 370 2.26 2.38
3 0.37 1814 377 242 2.55
4 0.38 1915 384 2.59 2.732
5 0.39 1995 466 2.73 3.026

Firstly, whether in the numerical simulation or experiment, the specimen was flat,
as shown in Figure 2. Therefore, whether in the numerical simulation or experiment, the
influence of blockage could be ignored. Secondly, because we only cared about the heat
flux of the specimen, the pressure distribution and velocity distribution at the nozzle outlet
were not recorded and discussed. However, during the experiment, due to the limitations
of the existing conditions, only a small area in the center of the Gardon heat flux meter
was measured, which is about the area within the red circle as shown in Figure 24, and the
average heat flux value was finally taken.
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Figure 24. Measurement area of heat flux in the sharp wedge specimen: (a) schematic diagram;
(b) actual picture.
5.3. Verification of the Stagnation Point Heat Flux Simulation Ability of SHCH

The comparison between the range of heat flux obtained through the test and the
simulated heat flux at the stagnation point at hypersonic Mach numbers is shown in Table 8
and Figure 25.

Table 8. The specific test data of simulated and experimental results.

I(_:IZI}:;:;)OI:: G Experimental Results Deviation
No. STP CW Telzsp Gas STP STP STP CW Gas CW
Ma HFlux Temp Temp HFlux HFlux Temp HFlux
MW/m? K K K MW/m?>  MW/m? K %

1 5.0 1.96 1697 1648 366 2.14 2.255 —49 +13.1
2 5.1 211 1764 1722 370 2.26 2.38 —42 +11.3
3 52 2.29 1844 1814 377 242 2.55 —30 +10.2
4 53 2.47 1923 1915 384 2.59 2.732 -8 +9.6
5 54 2.66 2008 1995 466 2.73 3.026 —13 +12.1

Temp—Temperature; STP—Stagnation point; HFlux—Heat flux; CW—Cold wall.
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Figure 25. Comparison between simulated and experimental values of combustion gas heating
methods.

It can be seen from Table 8 that under combustion gas temperatures of 1648 K to 1995 K,
obtained by adjusting the fuel mass flow, the heat flux of the cold wall measured by the
Gardon heat flux meter at the sharp wedge leading edge ranged from 2255 to 3026 kW /m?.

It can be seen from Figure 25 that the test method with 1995 K could realize the
simulation of heat flux at the stagnation point at a Mach number of 5.6. At the same time,
by adjusting the gas flow temperature, the hypersonic aerodynamic thermal simulation
requirements could be achieved at a lower Mach number.

Due to the limitations of the stability of the test conditions, there was a certain de-
viation between the experimental results of gas flow temperature and the optimal target
temperature value, with a maximum deviation of 49 K. However, the deviation was accept-
able.

The stationary heat flux agreed well to the target heat flux, with a relative error ranging
from 9.6% to 13.1%. This validated the feasibility of the surrogate model and simulation
provided in Sections 4.2 and 4.3.

During the experiment, the gas temperature was lower than the optimal result, while
the measured stagnation point heat flux was higher than the target value. This indicated
that under certain gas temperature conditions, the actual experimental results yielded
a higher stagnation point heat flux than what was obtained using numerical simulation
methods. This was mainly because of factors such as high-temperature gas flow radiation
in the actual experimental process, which caused the heat flux to be much larger than the
numerical calculation results, which will be discussed in the next section.

5.4. Verification of the Accuracy of Numerical Simulation of High-Temperature Gas Flow

Using numerical calculation methods, the actual experimental gas flow rate and
temperature were used as the boundary conditions to calculate and obtain the cold wall
heat flux value, which was then compared with the experimental values in Table 7, as
shown in Figure 26. From the results, it can be seen that as the gas temperature increased,
the stagnation point heat flux gradually increased, and the experimental values were
always greater than the simulated values. The overall error remained between 9.6% and
12.2%, and the accuracy was acceptable.
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The error is derived from three aspects:

The numerical simulations did not account for the radiation from the combustion
gas flow. In the CFD numerical simulation of ground gas flow, the outer surface of
the sharp wedge was set to 300 K, and the obtained heat flux was the 300 K cold
wall heat flux. At this time, the heat radiating outward was relatively small, and the
radiation model was not opened because of its complexity. In the actual test process,
the wall temperature gradually rose and finally converted into the 300 K cold wall
heat flux, so radiation heat transfer was considered in the test process. However, in
reality, due to the presence of moisture molecules in the combustion products of fuel
at higher temperatures, there is a certain radiative capability under high-temperature
conditions. Therefore, in the comparison between the simulation and experimental
results, the experimental results were higher.

During the test, the leading edge of the sharp wedge was very close to the nozzle,
and the surroundings of the test piece were enveloped by the gas flow. In this
region, some combustion reactions might have occurred within the gas flow, leading
to an enhancement in the actual heat capability. Such complex scenarios were not
considered in the numerical simulations. Another factor is that the heat dissipation
environment near the stagnation point differed in the simulations, as the outlet
consisted of a predetermined temperature airflow devoid of any combustion process.
However, in practical experiments, the stagnation point was enveloped by gas flames,
potentially still harboring combustion reactions. The heat dissipation conditions
might have been poor, leading to larger measured heat flux values.

As mentioned above, the actual measurement results of the Gardon heat flux meter
corresponded to the average heat flux in the arc area, which was very small near the
stagnation point and should be lower than the stagnation point heat flow value, in
theory. The measured results were higher than the numerical simulation results of
the stagnation point heat flux, which showed that the deviation from the numerical
simulation results should be slightly increased on the current basis.

6. Conclusions

In this paper, a subsonic high-temperature combustion gas heating method is designed

that can simulate the aerodynamic thermal environment of a hypersonic vehicle and
satisfies the simulation target of stagnation point heat flux under hypersonic conditions.

The Kriging surrogate model is used to establish an approximate fitting relationship

between the stagnation point heat flux and experimental parameters under SHCH condi-
tions. The corresponding combustion gas temperature values are found, respectively, with
the hypersonic aerodynamic heat flux at Mach 5.0~5.4 as the target value.
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An experimental specimen with a Gardon heat flux meter is designed and stagnation
point heat flux testing of low-speed and high-temperature combustion gas is performed at
different combustion gas temperatures. When the combustion gas temperature and Mach
number are 1995 K and 0.40, respectively, the measured cold wall heat flux is about 3.026
MW /m?2. The results show that the measured heat flux value can realize the simulation of
heat flux at the stagnation point at a Mach number of 5.6. At the same time, by adjusting
the gas flow temperature, the hypersonic aerodynamic thermal simulation requirements
can be achieved at a lower Mach number. The experimental results fully verify the heat
simulation testing ability of subsonic high temperature combustion gas, providing a new
idea for hypersonic aerothermal simulation testing.

In view of the experimental method with SHCH proposed in this paper, there are still
two limitations, which are the focus of future research. The first limitation is that in the
numerical simulations in this paper, whether hypersonic or ground test CFD numerical
simulation, the heat flux of the sharp wedge head was the focus of attention, while the
velocity gradient in the boundary layer, pressure, enthalpy, and other parameters were not
recorded and discussed. The second limitation is that in the ground gas test and ground
CFD numerical simulation, the composition of the gas produced by the mixture of kerosene
and air combustion was completely different from that produced by the hypersonic vehicle
flying in the air, but this issue was not considered and explored in detail in this article.
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